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EXECUTIVE SUMMARY 
 

Sandwich construction is widely used in airframe structural applications due to the distinct 
advantages they offer over other metallic and composite (monolithic laminate) structural 
configurations in terms of stiffness, stability, specific strength, corrosion resistance, ease of 
manufacture and repair, and above all, weight savings.  Because of their inherent construction, 
the sandwich structures are very susceptible to localized transverse damage-causing loads.  
These loads are accidental in nature and could be inflicted on the airframe structure during 
various stages of the aircraft’s life.  The response of sandwich structures to the accidental loads, 
the resulting damage states, their detectability, and the effects of the damage states on the 
residual properties have been widely investigated using experimental and analytical methods.  
However, most damage resistance and tolerance investigations have been confined to laboratory 
coupons, with limited studies on scaling effects, while the studies on full-scale sandwich 
airframe components are rare.  Most previous investigations of fuselage-type structures under 
combined loading conditions have been limited to semi-monocoque metallic structures.  This 
analytical study and the previous experimental study were performed to fill this void. 
 
This study investigated the capability of current analytical methods to model the behavior of 
fuselage-type composite sandwich panels with large damage.  This was accomplished by 
comparing analytical results to test data obtained from a previous study.  In that study, the 
strength of cylindrical sandwich panels with large open holes and notches under combined 
longitudinal and pressurization loads were investigated experimentally.  The notches represented 
the damage due to rotor burst incidents, while the open-hole damage represented a failed repair 
patch.   
 
The prediction of failure loads for cylindrical sandwich panels with circular holes and notches 
was made using the Whitney-Nuismer point stress criterion and a progressive failure analysis 
that uses a finite element model.  The Whitney-Nuismer point stress criterion was used with 
simplifying assumptions of flat sandwich construction and uniaxial loading.  The characteristic 
lengths for this criterion were determined using coupon-level tests with similar geometries for 
hole and notch.  An elliptical hole approximation of the notch produced failure load predictions 
that were conservative in nature and within 10% of the experimental results.  A progressive 
failure analysis using the GENOA virtual testing software package was conducted by Advatech 
Pacific Inc., through a contract from the National Institute for Aviation Research.  A building-
block approach was used to calibrate the damage model at the lamina and laminate levels.  
Failure initiation and final fracture loads were predicted for the notched sandwich coupons and 
full-scale cylindrical panels.  In the analysis of full-scale cylindrical panels, the details of the 
built-up edges were ignored.  The predicted failure initiation loads were consistently lower than 
the experimental values based on surface strain measurements.  However, the final failure loads 
predicted using the analysis were within 5% or better when compared with the test results. 
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1.  INTRODUCTION. 

Sandwich construction is widely used in airframe structural applications due to the distinct 
advantages they offer over other metallic and composite (monolithic laminate) structural 
configurations in terms of stiffness, stability, specific strength, corrosion resistance, ease of 
manufacture and repair, and above all, weight savings.  Because of their inherent construction, 
the sandwich structures are very susceptible to localized transverse damage-causing loads [1-3].  
These damage-causing loads are accidental in nature [1 and 2] and could be inflicted on the 
airframe structure during various stages of the aircraft’s life [1 and 2].  The response of sandwich 
structures to the accidental loads, the resulting damage states, their detectability, and the effects 
of the damage states on the residual properties have been widely investigated using experimental 
and analytical methods [1 and 3].  However, most damage resistance and tolerance investigations 
have been confined to laboratory coupons, with limited studies on scaling effects [4 and 5], while 
the studies on full-scale sandwich airframe components are rare.  Most previous investigations of 
fuselage-type structures under combined loading conditions have been limited to semi-
monocoque metallic structures [6-8].  This analytical study and the previous study were 
performed to fill this void. 
 
The damage tolerance of sandwich panels has been hitherto investigated by subjecting the 
damaged specimens to uniaxial in-plane compressive loads.  The sandwich panels were observed 
to fail in contrasting modes, depending on the nature of the initial damage magnitude and 
morphology [1 and 3].  However, the compressive residual strength was found to correlate well 
with the planar damage size with the asymptotic portion of the residual strength degradation 
curve being populated by damage caused by larger diameter (3″) impactors.  While the impact 
damage states produce a significant strength reduction, it was determined that the strength 
reduction due to an open-hole damage, which represents the situation where no load path exists 
through the damage zone, produces a lower bound on the residual strength of a panel for a given 
planar flaw size [5].  Further, the reduction in tensile strength of the panel with open-hole 
damage was comparable to that under compressive loading [5].  The sandwich construction in an 
airframe may, in general, be subjected to a combination of in-plane axial and shear loads and 
out-of-plane normal loads resulting from pressurization of the fuselage, with the curvature of the 
structure adding to the complexity of the problem.  The particular combination of loads may be a 
function of the location on the airframe and the external loading within the mission envelope.   
 
In a previous study [9], the strength of cylindrical sandwich panels under combined longitudinal 
and pressurization loading was investigated experimentally.  The influence of flaws, such as an 
open hole in a single facesheet and through-thickness notches, on the strength of the panel under 
different loading scenarios was studied.  The notches are representative of damage occurring due 
to rotor burst incidents, while the open-hole damage represents a failed repair patch.  In this 
report, the strength predictions for the cylindrical sandwich panels using Whitney-Nuismer (WN) 
point stress criterion [10 and 11] and a progressive failure analysis (PFA) using a finite element 
model have been summarized.  The additional experiments using subscale coupons to generate 
the characteristic length for the WN criterion and the theoretical approximations used for the 
notch geometry is enumerated.  The PFA using finite element models were conducted by 
Advatech-Pacific, Inc., through a contract from the National Institute for Aviation Research 
(NIAR)-Wichita State University (WSU).  A summary of their predictions and observations 
regarding the experimental setup used for the cylindrical panels are presented in this report. 
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2.  SUMMARY OF TESTS. 

Cylindrical sandwich panels with different machined flaws were tested under combinations of 
longitudinal and pressurization/hoop loading at the Full-Scale Aircraft Structural Test Evaluation 
and Research (FASTER) facility [9].  The geometry of the cylindrical test article is illustrated in 
figure 1.  Test panels were fabricated using Toray T700S-12K-50C/#2510 Plain Weave Carbon 
Fabric Prepreg (F6273C-07M, 190 g/m2) [12] for the facesheets and an overexpanded cell 
Nomex honeycomb core (Hexcel Composites, HRH-10/OX-3/16-3.0 [13]).  Both facesheets had 
a stacking sequence of [45/0/45] and the core thickness used in the test section was 0.75 inch.  
The cylindrical panel had an internal radius of 74 inches and measured 125 inches long.  The 
detailed description of the test article geometry may be found in reference 9. 
 

 

Figure 1.  Test Panel Geometry 

A total of six cylindrical sandwich panels were fabricated for the test program.  The cylindrical 
panels with different machined flaws (hole and notches) were subjected to combinations of 
longitudinal and pressurization/hoop loading.  The machined flaws located at the geometric 
center of the test panels are shown in figure 2.  An unnotched panel was initially tested within its 
elastic limits under different combinations of longitudinal and pressurization loads to study the 
geometric effects (secondary bending, uniformity of strains, etc.) under the loads.  The details of 
the geometric effects observed in unnotched panels are reported in reference 9.   
 

2 



 

Figure 2.  Notch Geometries Used in the Experimental Study [9] 

The initiation and final failure loads recorded from the experiments are summarized in table 1.  
The initiation loads are based on the strain gage readings recorded close to the notch boundary.  
When the strain reading achieved a value corresponding to the unnotched failure strain of the 
facesheet, an initiation (of failure) was assumed to have occurred.  Since the nearest gage [9] was 
located 0.25 inch from the notch boundary along the minimum section, the failure initiation load 
based on these gage readings could be construed as an upper bound.   
 

Table 1.  Failure Loads From Tests on Cylindrical Test Panels [9] 

Panel No. Damage Type Load Cases 
Initiation and Failure Load From 

Experiments 
NZZ 
PINT 

CP1 Unnotched/baseline 

NZZ+PINT  

Elastic loading and unloading 

CP1A 3″x 3″ 
cross slit, top 
facesheet 

NZZ No initiation up to 1250 lb/in 

CP1B 10″ x 1/16″ 
longitudinal slit 

PINT 8.1 psi (initiation) 
14 psi (fail) 
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Table 1.  Failure Loads From Tests on Cylindrical Test Panels [9] (Continued) 
 

Panel No. Damage Type Load Cases 
Initiation and Failure Load From 

Experiments 
NZZ  
 

No initiation up to 1250 lb/in 

NZZ+PINT  No initiation up to 1160 lbf/in and 
18.8 psi 

CP2 10″ diameter  
hole in top facesheet 

PINT 21.4 psi (initiation) 

CP3 10″ x 1/2″ 
circumferential 
notch 

PINT = 8 psi  
NZZ 

970 lbf/in (initiation) 
1223 lbf/in (fail) 

CP4 10″ x 1/2″ 
circumferential 
notch 

PINT = 1 psi  
NZZ 

780 lbf/in (initiation) 
 

CP5 10″ x 1/2″ 
longitudinal notch 

NZZ = 83 lbf/in 
PINT 

10.2 psi (initiation) 
13.5 psi (fail) 

CP6 10″ x 1/2″  
45º off-axis notch 

NZZ + PINT 
(1.2:1)  

12.5 psi/747 lb/in (initiation) 
18.3 psi/1153 lbf/in (fail) 

 
3.  ANALYSIS METHODS AND PREDICTIONS. 

The prediction of failure loads for the cylindrical panels with different flaw types were made 
using two methods.  In the first method, the WN point stress criterion was used to predict the 
failure load.  The second method consisted of a progressive failure analysis using a finite element 
model based on a building-block approach.  The details of the analyses, assumptions, failure 
predictions, and limitations are presented in this section. 
 
3.1  WHITNEY-NUISMER APPROACH. 
 
The WN point stress failure criterion [10] predicts failure when the stress at some characteristic 
distance, do, from the notch boundary, along the critical section, reaches the unnotched strength 
σo, as illustrated in figure 3.  The characteristic distance accounts for the load redistribution that 
occurs upon failure initiation at the notch root.  The characteristic distance is determined by 
conducting limited experiments on unnotched and notched specimens.   
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Figure 3.  Whitney-Nuismer Point Stress Criterion 

The application of WN criterion requires a description of the stress distribution in the notched 
panel, the unnotched strength, and the characteristic distance.  To determine the characteristic 
distance using notched strengths obtained from experiments, the stress distribution across the 
critical section must be known. 
 
To determine the characteristic distance, a limited number of experiments were performed on 
sandwich specimens with notches.  Since the characteristic distance is a function of the laminate 
properties, the notch geometry and loading type [10 and 11], experiments were conducted on 
sandwich specimens with circular hole and notches whose geometries were similar to that of the 
cylindrical panels.   
 
3.1.1  Coupon Tests. 

Flat sandwich coupons with and without notches were fabricated and tested under far-field 
tension to generate the characteristic lengths for the WN criterion.  Flat sandwich panels with a 
stacking sequence of [45/0/45/CORE]s were fabricated using Toray T700S-12K-50C/#2510 
Plain Weave Carbon Fabric Prepreg (F6273C-07M, 190 g/m2) [12] for the facesheets and an 
overexpanded cell Nomex honeycomb core (Hexcel Composites, HRH-10/OX-3/16-3.0) [13].  
The facesheet to core bonding was achieved by using EA9696 film adhesive (0.060 psf).  The 
honeycomb core along the load introduction region was potted using Hysol EA9394 Epoxy paste 
adhesive.  The preform assembly was cured in an autoclave at a temperature of 275°F for 
90 minutes.  Sandwich coupons were cut from the panels, and fiberglass tabs measuring 2 mm in 
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thickness were bonded to the load introduction region of the flat test panels.  Circular holes and 
notches were machined in the facesheet of the sandwich coupons as illustrated in figure 4. 
 

 

Figure 4.  Geometry of Flat Sandwich Coupons With Holes and Notches 

A total of five test coupons, with and without notches were fabricated and tested under in-plane 
tensile loading.  The hole and notch sizes used in the experiments are summarized in table 2.  A 
width-to-flaw-size ratio in excess of 4 was used to minimize the finite width effects [11].   
 

Table 2.  Test Matrix for Flat Coupon Tests 

Test No. Coupon Type Flaw Type 
Width w 
(inches) 

Size 2a 
(inches) Loading Type 

1 None 1.00 n/a 
2 Hole 4.25 1.00 

3 Hole 8.50 2.00 
4 Notch 4.25 1.00 
5 

Flat 

Notch 8.50 2.00 

Uniaxial tension 

 
Flat, unnotched and notched coupons were tested to failure using a 55-kip capacity servo-
hydraulic MTS load frame.  The test specimens were elongated at a constant stroke rate of 
0.05 in/min until failure.  The load, displacement, and strain gage data were recorded during the 
tests.   
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The strength of flat coupons with and without notches is summarized in table 3.  In addition, the 
far-field strains at failure and an apparent initiation load level are presented.  The apparent 
initiation load level corresponds to the load at which the strain gage in the immediate vicinity of 
the hole/notch changes abruptly, as shown in figure 5.  A sudden reduction in strain indicates a 
crack passing above/below the strain gage or the gage peeling off the specimen surface, whereas 
a sudden increase is indicative of the crack passing through the gage.  The strains recorded close 
to the notch/hole were similar for the 1.00-in. flaw size, and the failure loads/strains for the hole 
and the notch were not very different.  However, for the 2.00-in. flaw size, the strains measured 
near the notch were higher than that of the hole, which is also reflected in the lower strength of 
the notched coupon.   
 

Table 3.  Test Data Summary for Flat Coupons 

Test No. Flaw Type 
Size 2a 
(inches) 

Failure Load Nf 
(lbf/in) 

Far-Field 
Failure Strain 
(microstrain) 

Initiation 
Load Ninit 

(lbf/in) 
1 None n/a 3386 14,852 n/a 
2 Hole 1.00 1818 7,683 1570 

3 Hole 2.00 1435 6,607 1100 
4 Notch 1.00 1784 7,366 1402 
5 Notch 2.00 1195 5,693 878 

 

 

Figure 5.  Load Versus Strain Plots for the Notched Coupons 
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3.1.2  Determination of Characteristic Distance do. 

The results from the tests on flat coupons with circular holes and notches were used to estimate 
the characteristic length do used in the WN criterion for strength prediction of notched laminates.  
Since the characteristic lengths are known to be dependent on the notch geometries, separate 
values were computed for the circular holes and notches.  The strength prediction requires the 
stress distribution across the critical section along which failure is expected to occur.  The 
approximate stress distribution in infinite orthotropic laminated plates with elliptic notches using 
an extension of the isotropic plate solution is given by [11] 
 

( )
( )

( )
( )
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In the above equation,   is the anisotropic stress concentration factor for an infinite plate with 
an elliptic hole.  The stress concentration factor may be expressed in terms of the hole geometry 
and laminate properties as [11] 
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2) 

 
22

2
11 22 12

11 22 12
66

1 21
λ 2TK

A
A A AA A A

A
∞

⎛ ⎞
= + ⎜⎜

⎝ ⎠

−− + ⎟⎟

where Aij are the in-plane stiffness coefficients of the laminated plate based on classical laminate 
theory.  To account for the finite width of the practical laminates, correction factors are typically 
used.  The correction factors are obtained by assuming that the stress distributions in the finite 
width plates are similar to that in an infinite plate with the exception of a scaling factor.  The 
finite width correction (FWC) factor is defined as the ratio of the stress concentration in a 
finite width plate to .  The FWC for an orthotropic plate of width W, with an elliptical hole is 
given by [11] 
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where 
 

2
=

a

W
Γ  

 
Equations 1 through 3 are applicable to elliptical holes and can be easily extended to a circular 
hole.  Unlike for the circular (or elliptical) hole, a closed form solution does not exist for the 
stress distribution across the critical section of the notch geometry used in this study.  Therefore, 
the notches are approximated by an equivalent elliptical hole that has a major axis of 2a and the 
same radius of curvature at the critical location (x = a, y = 0), as shown in figure 6. 
 

x

y

2a

2b
R

 

Figure 6.  Approximation of Notch Using an Ellipse 

To check the validity of this approximation for the notch, the strains in the test specimen across 
the critical section were compared with the experimental data, as shown in figure 7.  The 
measured strains were compared at far-field load levels of 250 and 500 lbf/in.  The strain gage 
data compared satisfactorily with the equivalent ellipse solution.  The measured strains using 
strain gages were expected to be slightly lower than the actual value, as they averaged the strains 
over the surface area of the gage.  In addition, the geometric stress concentration factors obtained 
using equations 2 and 3 were compared with those obtained from a finite element model of the 
notched laminates using the actual notch geometry (see figure 8).  The stress concentration 
factors for the actual notch geometry were slightly lower than that of the elliptical approximation 
for smaller notch lengths.  However, at a notch length of 10 inches, the elliptical approximation 
underpredicted the stress concentration by roughly 7% in comparison to the finite element model 
prediction. 
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Figure 7.  Comparison of Stress Concentration Factor for Notches and Equivalent Ellipses 

 

 

Figure 8.  Comparison of Stress Concentration Factors 
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The WN point stress criterion states that the failure of the notched panel occurs when the stress 
at a characteristic distance do from the notch boundary equals the unnotched strength σo.  The 
ratio of the far-field stress (at failure) in a notched infinite width panel to the unnotched strength 
is given by [11] 
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The characteristic length, do, is determined using experimental data comprising of unnotched 
strength and at least one notched strength value.  The notch strength values obtained using 
experiments must be converted to an equivalent strength for an infinite panel using the 
appropriate FWC factors prior to using equation 4.  With multiple notch strength data, the 
characteristic length can be obtained by curve-fitting the experimental data.  In the current study, 
the notch size of 2a = 1.00 in. is used as the control value from which the characteristic lengths 
are determined.  The characteristic lengths obtained for the circular hole and the notch are 0.159 
and 0.196 inch, respectively. 
 
3.1.3  Strength Predictions for Cylindrical Panels. 

The strengths of the cylindrical test panels with notches were compared with the predictions of 
WN point stress criterion, which is based on flat coupon tests discussed in section 3.1.2.  The 
characteristic length should be used with the stress distributions, which take into account the 
curvature of the panel and differences in stress distributions due to secondary bending.  
However, a quick estimate of the strengths was done assuming the panels to be flat and the far-
field stress field to be uniaxial in nature.  Further, the notches were approximated as elliptical 
holes per the assumption discussed in section 3.1.2.  The normalized residual strength 
(normalized by uniaxial tensile strength) of cylindrical notched panels (CP3 and CP5 in table 1) 
were superposed on the strength degradation curves based on the point stress criterion in figure 
9.  The point stress criterion tends to be conservative in nature, especially in the case of a circular 
hole.  Ostensibly, the strength degradation curves would shift downward in the event the 
characteristic lengths were determined using the strength data corresponding to 2a = 2.00 in., 
making the predictions more conservative.  It should be emphasized that the presence of 
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stiffened loading edges parallel to the loading direction act as an additional load paths that 
accommodate load redistribution upon failure initiation at the notches/holes.   
 

 

Figure 9.  Comparison of Experimental Data for Cylindrical Panels With Strength Predicted by 
Point Stress Criterion 

3.2  PROGRESSIVE FAILURE ANALYSIS. 
 
The PFA was conducted by Advatech Pacific, Inc.1, teamed with Alpha STAR Corporation2 
(API/ASC), under contract No. C0671523 to WSU-NIAR [14].  In this section, key portions of 
the report submitted by Advatech Pacific, Inc., addressing the analysis process, assumptions 
made in the analysis and failure predictions, are reproduced.  The details of the analysis may be 
found in references 14 through 16. 
 
A modular virtual testing software package, GENOA, was used to perform the strength analysis 
of cylindrical notched panels in table 1.  GENOA performs residual strength and life prediction 
for polymeric composite, ceramic composite, ceramic, and metal structures based on a PFA 
approach, as illustrated in figure 10. 

                                                 
1 Advatech Pacific, Inc., 1849 N. Wabash Ave., Redlands, CA, 92374 
2 Alpha STAR Corporation, 5199 E. Pacific Coast Hwy, Suite 410, Long Beach, CA 90804 
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Figure 10.  The GENOA Multiscale Hierarchical Progressive Failure Analysis Process  
[14 and 15] 

GENOA software is based on the step-by-step building-block verification approach that ensures 
the accurate simulation of advanced materials behavior at the micro- and macroscales 
(figure 11).  Microstress and damage are computed on the material constituent level, and the 
corresponding material degradation is reflected in the macroscopic finite element structural 
stiffness.   
 

 

Figure 11.  GENOA Building-Block Approach to Aircraft Component Certification [14-16] 

Stresses and strains at the microscale are derived from the lamina scale using microstress theory.  
The subdivisions of the unit cell (small pieces of fiber and/or matrix), shown in figure 12(a), are 
then interrogated for damage using a set of failure criteria specified by the user.  Similarly, 
matrix subdivisions in the unit cell are interrogated for delamination, as depicted in figure 12(a).  
Once damage or delamination occurs, GENOA determines which fiber and matrix material 
properties to degrade by applying a set of rules that are based on materials engineering and 
experience.  Figure 12(b) shows the Multiscale Multiple Failure Criteria used in GENOA.  Both 
damage- and fracture mechanics-based criteria are used to evaluate the local structure.  
Additionally, the microcrack density (matrix residual stiffness) failure criterion predicts the 
matrix postdegradation effect.  Damage is propagated in the model at the nodal or elemental 
level, depending on whether a nodal- or an elemental-based approach is used. 

13 



 

(a) Damage in subdivided unit cell and 
tracked in each subdivided unit cell; 
delamination modes are investigated and 
tracked in the matrix of each unit cell. 

Delamination Modes at 
a Finite Element Node 

Subdivided Unit Cell at 
a Finite Element Node 

(b) Fiber/matrix, damage criteria applied at the 
micromechanics scale, damaged-based 
delamination criteria applied at macroscale, 
linear fracture mechanics-based applied at 
macrolevel in composite.

Figure 12.  Multiscale Multiple Failure Criteria:  Damage- and Fracture  
Mechanics-Based Criteria [14-16] 

As damage accumulates in a unit cell, the cell will eventually fracture.  This is interpreted to 
mean that a lamina has failed at a node or an element of the finite element model.  When all 
lamina at a node or an element fail, the node or element is said to have fractured.  Because 
damage is tracked at the microscale, it is quite possible that a node or element may 
simultaneously experience two or more types of damage.  For example, there may be matrix 
cracking and fiber breaking in the same unit cell and same lamina of a particular node of the 
finite element mesh.  This behavior is especially important when examining damage initiation, 
accumulation, and growth.   
 
3.2.1  Approach. 

The API/ASC team followed a systematic approach to ensure high-quality results from GENOA.  
This approach progressed from a Material Characterization Analysis (MCA) to establish 
materials allowables for the full-scale analyses; to validate those allowables through the analysis 
of tailored sandwich panel tensile test coupons; and, to use the validated allowables in the PFA 
of full-scale fuselage subcomponent panels (figure 13). 
 
As a first step, ASTM and design-specific test coupon data was used to establish a calibrated and 
validated set of material property allowables using the MCA module in GENOA.  Next, PFA 
was performed in GENOA, first for an undamaged “fuselage” panel, and then for several panels 
with various types of simulated damage.  The goal of the GENOA analyses was to produce an 
accurate estimate of the failure loads and modes for the test panels—independent from the tests.  
The test results were then used to validate these analyses to the extent that the test apparatus was 
able to impart the loading and constraint conditions intended; and as, therefore, replicated in the 
analytical models.  Additional “classical” methods, i.e., closed-form calculations, were also 
performed to establish the validity of the GENOA results in comparison to the test.  In short, it 
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was important to consider the idiosyncrasies of the physical tests when comparing them to the 
GENOA results to determine the validity of the results.   
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Figure 13.  GENOA Building-Block Process [14] 

3.2.2  Calibration of Material Properties. 

The cocured sandwich panel tensile test coupons and curve fuselage panels were fabricated from 
Toray T700SC-12K-50C/#2510 Plain Weave Fabric, and Plascore Nomex PN2-3/16OX-3.0pcf 
honeycomb core.  Mechanical properties for the material systems used for the test coupons and 
curved panels were acquired from the Advanced General Aviation Transport Experiments 
(AGATE) Shared Database at NIAR and vendor data sheets.  The data included coupon test data 
for plain woven fabric and the honeycomb core.  Additional test data for design-specific, flat 
sandwich tensile test specimens was provided by NIAR (described in section 3.1.1) and used for 
further correlation of the material models.  These coupons were identical in construction to the 
curved honeycomb fuselage panels used in this study and included a mix of unnotched, open-
hole specimens with holes of increasing size and slotted/notched specimens. 
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3.2.2.1  Calibration of Lamina Material Properties. 

To support GENOA progressive failure analysis of the NIAR curved honeycomb panel tests, the 
basic material property data had to be developed first at the lamina and constituent levels.  The 
material property characterization was undertaken in two phases: 
 
• Material characterization to derive the fiber and matrix mechanical properties from plain 

weave fabric (0°/90°) laminates test data. 

• Prediction of tensile and compressive properties of unnotched and open-hole coupons 
fabricated with P707AG-15 tape and F6273C-07M fabric composite laminates. 

An MCA was performed in GENOA using all the coupon test data and material property 
information acquired.  GENOA-characterized unidirectional tape and plain weave fabric 
composite properties were compared with the test data to validate the derived fiber and matrix 
mechanical properties (table 4).  Failure criteria used included Lamina Strengths, including 
through-the-thickness strengths (S11T, S11C, S22T, S22C, S12, S23, S13, S33T, and S33C); Relative 
Rotation; Modified Distortion Energy; and Strain.  The fiber microbuckling criterion did not 
affect the characterized composite properties. 
 

Table 4.  Comparison Between Tested and GENOA-Characterized Properties for Toray 
T700SC-12K-50C/#2510 Plain Weave Fabric [14] 

Property Test GENOA 
E11 (msi) 8.08 7.99 
E22 (msi) 7.77 8.01 
G12 (msi) 0.61 0.59 
ν12 0.042 0.05 
S11T (ksi) 133.09 125.01 
S11C (ksi) 102.81 102.66 
S22T (ksi) 112.46 125.01 
S22C (ksi) 101.96 102.66 
S12 (ksi) 19.23 20.00 

 
3.2.2.2  Prediction of Notched Strength for Sandwich Coupons Using GENOA [14 and 15]. 
 
Design-specific honeycomb sandwich tensile elements, with and without through-the-sandwich 
holes and notches of various sizes were also evaluated (figure 14(a) through (l)).  The sandwich 
panel configuration for these coupon tests (3/core/3) was identical to that for the curved fuselage 
panels evaluated for this program—where the facesheets consisted of a three-ply laminate 
(45/0/45) bonded to 3/4″ Nomex honeycomb core.  GENOA failure predictions matched the test 
results closely, further validating the GENOA materials characterization analysis. 
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(g) Finite element model of 
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1″ notch 

(h) Force vs tensile strain 
for sandwich specimen 
with 1″ notch 

(i) Damage pattern of 
sandwich specimen with 
1″ notch 
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(j) Finite element model of 
sandwich specimen with 
2″ notch 

(k) Force vs tensile strain 
for sandwich specimen 
with 2″ notch 

(l) Damage pattern of 
sandwich specimen with 
2″ notch 

Figure 14.  GENOA Predictions for Notched Sandwich Coupons [14 and 15] 
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3.2.3  Sandwich Panel Fuselage Section Finite Element Representation. 

A hybrid finite element analysis (FEA) model was constructed to adequately represent the 
behavior of a sandwich panel fuselage section, to allow the analysis to capture discrete core 
damage through the thickness, and to interrogate each individual ply for damage and failure.  
The three-ply facesheets were modeled as laminate plate elements that incorporated the two-
dimensional orthotropic lamina properties and lay-up schedule for each facesheet.  The use of 
this element for the facesheets allowed for discrete input of the material property and orientation 
of each ply, using the actual stacking sequence for the laminate (see figures 15 and 16). 
 

 

Figure 15.  Two-Dimensional Orthotropic Lamina Properties [14]  

   

Figure 16.  Facesheet Laminate Ply Schedule Definition [14] 
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The honeycomb core was modeled as a three-dimensional anisotropic solid with the primary (X) 
axis being through the thickness of the core.  Since it was difficult to align the element and 
material directions for the core elements, it is important to note that nodal outputs should be used 
to graphically view all analysis result quantities in FEMAP.  An example of the input for the core 
material properties is shown in figure 17. 
 

 

Figure 17.  Three-Dimensional Anisotropic Honeycomb Core Material Properties [14]  

The following simplifying assumptions were used to formulate and construct the finite element 
model used for these analyses:   
 
1. A sandwich panel fuselage section was represented as a simple cylindrical section.  

Because the composite panel represents a section of a cylindrical fuselage structure and 
because the loads induced by the test fixture lend themselves to a symmetric 
representation, this simplification was deemed appropriate, resulting in an FEA model 
comparable to the FASTER test rig panel.   

2. It was assumed that the in-plane longitudinal mechanical loads can be adequately 
imparted to the panel through the curvilinear edges of the facesheets/skins, because the 
in-plane stiffness of the honeycomb core is low with respect to the carbon/epoxy 
three-ply facesheets/skins (see figure 18). 

3. It was assumed that the applied mechanical loads in the hoop directions actually 
represented reaction loads to the pressure.  Any reference to hoop loading in the test 
matrix was interpreted as being hoop reactions to pressure loads; where instead, the hoop 
loads resulting from the pressure were accounted for in the hoop symmetry boundary 
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conditions of the FEA model.  Hence, only pressure loading on the internal facesheet was 
used for test cases where hoop loading was called out (see figure 19). 

4. It was assumed the internal radial supports used to equilibrate any differences between 
the applied hoop loads and the internal pressure caused by eccentricities were not 
modeled in the FEA because the hoop loading and pressure loading were not modeled as 
separate discrete entities in the FEA, and no loading eccentricities existed due to the ideal 
nature of the loading and boundary conditions used in the FEA.  

5. The cured ply thickness (CPT) for the carbon/epoxy lamina was assumed to be 0.0086″, 
based on AGATE data for the material, because no CPT data was available for the actual 
panel skin thicknesses.  Any variance from the as-built CPT is assumed to be accounted 
for in the GENOA material property calibration, based on sandwich panel in-plane tensile 
test data provided to validate the GENOA material characterization.   

 

 

Figure 18.  Zonal Longitudinal Loading [14] 

 

  

Figure 19.  Application of Internal Pressure [14]  
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3.2.4  Strain Survey and Laminate Plate Theory Comparison [14]. 

A strain survey comparing actual curved panel test data to the FEA results for the baseline panel 
was performed to ensure that the finite element model constructed for use in the PFA would 
yield valid results.  This was important because there was no traceability for the test panel 
construction, so actual parameters of the construction were not fully known, i.e., as-built CPT, 
core thickness, ply orientations, etc.   
 
Only the baseline panel was used for FEA model calibration—in much the same way that a test 
panel was used to establish a baseline for the test fixture.  Strain survey for the remaining panels 
was extracted after the analyses were complete for comparative purposes. 
 
A table containing the results of the far-field strain survey used to check the FEA models is 
shown in table 5.  Closed-form calculations were also used to verify the FEA strains using the 
Laminator laminate plate theory (LPT) code and thin-walled pressure vessel theory—assuming 
that only the skins carry the in-plane loads.  Clearly, there is good agreement between the LPT 
and the FEA, as well as acceptable agreement with the strain gage data from the test results 
provided by NIAR.   
 

Table 5.  Comparative Strain Survey Results [14] 

NIAR Sandwich Panel Strain Survey Data 

Loads 

Far-Field Axial 
Strain Predictions 

(microstrain) 

Far-Field Hoop 
Strain Predictions 

(microstrain) 

Panel I.D. 

Axial 
Load 
(lb/in) 

Pressure 
(psi) LPT FEA Test LPT FEA Test 

500 0 1992.0 1990 ~1900* -848.5 -841  
0 6.75  -845   2000 ~2100* 

CP1 - Baseline 

1000 13.5) 2287.0 2280 N/A 2332 2310  
0 7.10 -865.0 -850 -854.336 2117 2020 2461.9 
0 11.81 1483.0 -1410 -1608.070 3521 3370 3880.9 
0 16.55 2078.0 -1980 -2312.360 4935 4710 5230.2 
0 18.18  -2170 N/A  5180 N/A 

CP2 - Circular Patch 

0 21.28  -2540 N/A  6070 N/A 
300 8 190.6 190 N/A 1876 1810 N/A CP3 –Circumferential Slot 

(Combined loading) 1000 8 606.2 585 N/A 2216 2140 N/A 
CP4 –Circumferential Slot 
(Longitudinal loading) 

500 0 1992.0 1920 1848 -848.5 -828 726 

 
FEA strains taken from model were the principal strains indicated for the first ply of the outer facesheet, which should be the same as the 1-2 
strains for the second ply at 0° and 90°. 
*Taken from charted data— no actual values available from test.  
The far-field strains from test and predictions are at locations away from the “damaged” areas. 
LPT strain values calculated using Laminator Plate Theory Computer Software Package.  
LPT analysis assumes that only the skins take the in-plane loads. 
LPT strains should be about 10% low since the outer skin sees about 11% higher stresses than the inner skin. 
Use the 1-2 (material direction) strains from the second ply (0-deg) for combined loading cases to ensure strains were in proper direction. 
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3.2.5  GENOA Progressive Failure Analysis of Curved Sandwich Panels. 

Damage initiation, propagation, fracture initiation, fracture propagation, and final failure loads 
and modes were predicted with GENOA for all the fuselage panels and loading conditions tested.   
Table 6 provides a summary of the fuselage panel test load predictions, including damage 
initiation and final failure for all loading conditions applied during the tests.  The final column 
contains an abridged summary of the test outcomes.  It is important to note that many of the 
panel tests were not taken to failure, since each panel was subjected to multiple loading 
conditions.  Some panels could not be tested to complete failure due to loading and deformation 
limitations of the test fixture.  The API/ASC team was, therefore, only able to draw limited 
conclusions from the fuselage panel test data.   
 

Table 6.  Predicted Failure Loads and Pressures of Curved Panels [14] 

Damage Initiation* Final Fracture 

Test Panel Loading Condition GENOA Test GENOA Test Test Results 

33.50 psi NA 80.40 psi NA Combined pressure 
and longitudinal 
loading 

2423 lb/in NA 5921 lb/in NA 

Pressure only 23.45 psi NA 40.40 psi NA 

Baseline 
Panels 

Longitudinal 
loading 

1896 lb/in NA 3423 lb/in NA 

Elastic loading only 

5.29 psi NA 13.63 psi NA Combined loading 
161 lb/in NA 803 lb/in NA 

Unloaded after 18.8 psi  
and 1160 lb/in 
No damage or failure. 

Pressure only 11.82 psi 21.40 psi 21.40 psi NA Damage initiation at  
21.4 psi.  Could not 
load further. 

Circular 
Hole Panels 

Longitudinal  
loading only 

580 lb/in NA 1969 lb/in NA Unloaded after 1250 lb/in. 
No damage or failure. 

Longitudinal slot 5.00 psi 10.20 psi 14.14 psi 13.50 psi Preload longitudinally to  
100 lb/in.  Then increase 
pressure to failure. 

8.00 psi 12.50 psi 14.22 psi 18.30 psi Oblique slot 
Combined loading 297 lb/in 747 lb/in 1198 lb/in 1153 lb/in 

Hoop loading/longitudinal 
loading = 1.2 

Oblique slot 
longitudinal loading 

594 lb/in NA 1588 lb/in NA No data 

8.00 psi 8.00 psi 8.00 psi 8.00 psi Circumferential slot 
combined loading 496 lb/in 970 lb/in 1231 lb/in 1220 lb/in 

Preload 8 psi.  Then apply 
longitudinal loading to failure. 

Slotted 
Panels 

Circumferential slot 
longitudinal loading 

496 lb/in 780 lb/in 1231 lb/in NA Preload 1 psi.  Then apply  
longitudinal loading to  
failure.  Test stopped at 1220 
lb/in.  Machine constraint on 
deformation. 

 
*Values at fracture initiation are the damage values in the NIAR-supplied spreadsheet. 
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4.  CONCLUSIONS. 

The Whitney-Nuismer point stress criterion and a progressive failure analysis using a finite 
element model were used to predict the failure loads for cylindrical panels with notches and 
holes subjected to different combinations of longitudinal and pressurization loads.  The Whitney-
Nuismer criterion was observed to make reasonable predictions despite several simplifying 
assumptions.  A progressive failure analysis using the GENOA virtual testing software package 
was conducted by Advatech Pacific, Inc. and Alphastar Scientific Corporation.  A building-block 
approach was used to calibrate the damage model at the lamina and laminate levels.  Successful 
analysis using this method requires good basic test data at the lamina and laminate level to 
capture the different failure mechanisms and variability in the material properties.  The final 
failure loads predicted using the analysis was within 5% or better when compared with the test 
results.   
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