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The certification methodology for composite aircraft structures developed under a series 

of FAAINavy sponsored programs was successfully demonstrated on military aircraft 

components. However, the effects of this methodology on structural design and certification 

requirements of general aviation and commercial aircraft have not been examined. The objective 

of this program is to conduct a systematic structural integrity evaluation of the damage prone 

components of the FAA owned Lear Fan 2100 aircraft, using the methodology developed under 

the FAAINavy programs. 

A Lear Fan 2 100 aircraft was inspected using nondestructive techniques. The inspection 

was conducted on aircraft serial number E009, the third flying prototype manufactured. FAA 

personnel indicated that the aircraft had experienced approximately 230 hours of flight time. The 

upper wing skins and the upper fuselage skin, areas considered most likely to suffer damage 

during manufacturing and maintenance operations, were evaluated using ultrasonic and 

thennographic techniques. A total of 19 defects around the fastener heads in the upper wing 

skins were identified by the MAUS (Mobile Automated Ultrasonic System developed by 

McDonnell Douglas). In addition, one area of mild porosity in the wing skin and one area of 

possible disbond between mating fuselage skins were also detected. Analytical results showed 

that these defects are not severe enough to impose a threat to the integrity of the wing structure. 

After an extensive review of the structural configurations, flight loads, and the full-scale 

test articles, a damage tolerance evaluation was conducted for the upper wing skins. The 

capability of the structure to tolerate impact damage and assembly induced defects was 

systematically evaluated. The upper wing skin was divided into small regions, based on the 

arrangement of the substructures and the distribution of the skin thickness, for the damage 

tolerance evaluations. 

For the impact damage tolerance evaluation, both the probabilistic and discrete impact 

threats were considered. These threat scenarios were derived primarily based on damage 

tolerance design requirements of composite military aircraft structures. The results of the 

evaluation are presented in terms of allowable strain, margin of safety, and reliabilities at design 

limit and design ultimate loads. These results show that the upper wing skin has adequate 

damage tolerance capability against impact threats imposed on military aircraft structures only 

under the design limit loads. At design ultimate loads, the impact threats are too severe for the 

Lear Fan 2100 aircraft. Further investigation to define realistic impact threats and establish 



impact damage tolerance design criteria is needed for this class of aircraft using composite 

materials. 

Damage tolerance capability of the upper wing skins against assembly/manufacturing 

induced damage was also analytically evaluated. The baseline damage scenario used in the study 

was defined based on the results of a recently completed FAA/Navy sponsored program, which 

generally produced damage more severe than the defects detected for the E009 aircraft. Margin 

of safety and reliabilities of the upper wing skins with the baseline darnage were obtained 

analytically. In addition, allowable damage sizes were defined for various da~nage scenarios. The 

results show that the upper wing skins are capable of tolerating damage induced under properly 

controlled assembly procedures. However, poor assembly processes can induce more severe 

damage in the structure, which may impose a threat to the structural integrity. Therefore, 

assembly standards must be established to minimize damage. Nondestructive inspection (NDI) 

after final structural assembly should be performed if such standards do not exist. 

xii 



SECTION 1 

INTRODUCTION 

The application of composite materials to primary aircraft structures requires proven 

certification procedures to demonstrate their structural integrity. The Federal Aviation 

Administration (FAA) has published their certification procedure for composite structures in the 

Advisory Circular (AC) 20-107A (reference 1). An overview of the FAA composite certification 

activity is presented in reference 2 and the important considerations of AC 20-107A can be 

found in reference 3. Recognizing the inherent differences between composites and metals, the 

FAA and the Navy jointly funded two programs (references 4 and 5 )  to address the issues of 

certifying undamaged composite structures. In these programs, various approaches to static 

strength and fatigue life certification were evaluated and used to establish a certification 

methodology for undamaged composite aircraft structures. 

Subsequently, the FAA and the Navy funded two additional programs (references 6 and 

7) to account for impact damage on the static strength and fatigue life of composite structures. 

The objective was to establish impact damage limits for structural certification and to integrate it 

with the previous work, references 4 and 5. The results of the two later programs enable 

certification of impact damaged composite structure with the same level of confidence as 

undamaged structure. More recently, this technology was developed further to incorporate the 

influence of delaminations and assembly induced damage on structural certification (reference 

8). 

The certification methodology developed in references 4, 6 and 8 was demonstrated on 

military aircraft components. However, the effects of this methodology on structural design and 

certification requirements of general aviation and commercial aircraft have not been examined. It 

is therefore desirable to utilize the FAA owned Lear Fan 2100 aircraft and the associated design 

and test data as a test bed for the evaluation of the certification methodology contained in 

references 4, 6 and 8. 

The objective of this task is to conduct a systematic structural integrity evaluation of the 

damage prone components of the Lear Fan 2100 aircraft, using the methodology developed 

under the FAA/Navy programs. In section 2 of this report a brief description of the Lear Fan 

2100 structure is presented. The results of an in-situ nondestructive inspection (NDI) of the 

upper surfaces of the wing and fuselage are documented in section 3. Section 4 summarizes the 



loads and strains used in the structural evaluation. Results of the detailed damage tolerance 

evaluation are given in section 5. A parametric study was conducted to evaluate to sensitivity of 

material and structural parameters on the damage tolerance capability of the structure, and the 

results of this study are included in section 6. Conclusions drawn from the structural integrity 

evaluation are summarized in section 7. 



SECTION 2 

STRUCTURAL DESCRIPTION 

The Lear Fan 2 100 is a twin engine, pressurized, low-wing monoplane, utilizing a single 

pusher propeller. The aircraft has provisions for nine to ten persons and suitable allowance for 

luggage and optional equipment. Clean aerodynamic design and light-weight structure utilizing 

graphite1 epoxy extensively give jet-class performance at reciprocating twin engine operating 

costs. The maximum takeoff weight of the airplane is 7200 lbs. The wing span of the aircraft is 

39 ft. 4 in. with a overall length of 39 ft. 7 in. The fuselage cabin height is 53.6 in. and 58 in. 

wide with length from the forward pressure bulkhead to aft pressure bulkhead of 17 ft. 8 in. A 

three-view of the aircraft is shown in figure I and the major assembly breakdown of the 

airframe is shown in figure 2. 

The airframe design relies upon extensive use of bonded graphitelepoxy structure for 

minimum weight, corrosion and fatigue resistance, and smooth external contours. Fuselage 

structure is close-spaced frames and longerons bonded to the outer skin. A noncircular fuselage 

section provides optimum cabin space for its size, and maximum headroom is provided through 

the use of a lower aisle. Eleven windows provide ample passenger visibility and cabin lighting. 

Normal cabin access is by means of a 32.25-in.-wide split air stair door forward of the wing on 

the left side of the fuselage. Emergency egress is through the cabin door and an escape hatch 

located behind the cockpit bulkhead on the right side of the fuselage. Large doors on each side of 

the aft fuselage plus removable intake scoops facilitate engine and accessary access. 

The wing is a continuous three-spar cantilever structure attached to the fuselage at six 

points. The main landing gear is a conventional strut type incorporating single 65x8 wheels and 

brakes. All primary structures are designed to be fail-safe and damage tolerant. The composite 

materials and design approach assure a long service life and low airframe maintenance. 

The Lear Fan Model 2100 aircraft was being certified per FAR, Part 23, reference 9. The 

guidelines of the Advisory Circular on composite structure were observed throughout the 

program. Since much of the airframe was constructed from advanced composite materials, AC 

20- 107 was used as a guide for the certification procedures. The static strength of the model was 

certified by test. Finite element and classical stress analysis, along with subcomponent testing, 

were conducted to ensure that the airframe had adequate strength. However, stress analysis was 

used only in minor cases as a certification tool. 







The static test article was tested at room temperature without environmental conditioning. 

For the advanced composite components of the static article, the FAR Part 23 loads were 

adjusted to account for the environmental degradation of material properties and material 

variability. Each airframe component subjected to individual static tests was evaluated to 

determine the operational environment. Typical environments included the effects of moisture, 

temperature, and chemicals such as fuel, cleaning fluids, hydraulic fluids, etc. The environmental 

factor was determined by tests. The variability factor was determined by comparing the typical 

material test coupon strength with the "B" basis allowables. 

Fail-safe and damage tolerance tests were conducted to substantiate the fail-safe 

requirements of FAR Part 23. The wing and fuselage structures were designed to be fail- 

safeldamage tolerant and were certified by this method. Full-scale fail-safeldamage tolerance 

tests were conducted on the fuselage and wing. In addition to FAR 23 requirements, the 

horizontal tail was also tested. The test cyclic loads were adjusted to account for the 

environmental factor. At least two lifetimes of testing were applied prior to certification. At least 

one lifetime of testing was conducted on structure with inflicted damage. Production type flaws 

were built into the test articles. The objectives of these fail-safeldamage tolerance tests were: 

1. Identify any damage sensitive area in the structure. 

2. Demonstrate acceptable damage tolerance. 

3. Identify primary and secondary structures based on damage growth rates. 

4. Define inspection techniques and schedules, based on damage or flaw growth rate. 

5. Substantiate repair techniques for inclusion in the Maintenance Manual. 

The structural integrity evaluation of the present task has been concentrated on the 

damage tolerance evaluation of the upper wing skin. The wing structure is a continuous three- 

spar cantilever. The main section of the wing skin spans 226 inches from the body centerline to 

the tip. The skin is made of AS413501-6 graphitelepoxy composite with combined use of tape 

and fabric plies. Its thickness ranges from 0.053 in. 0% of 0"-, 79% of 45"-, 21% of 90"-plies 

(0179121) layup near the tip to 0.109 in. (0190110) layup near the body centerline. A more 

detailed description of the cover skin is given in section 4. 



NONDESTRUCTIVE INSPECTION (NDI) 

A Lear Fan 2100 aircraft was inspected using nondestructive techniques. Inspections 

were conducted during the week of 1 February, 1994. A Northrop Grurnrnan inspection team 

consisting of T. Dyer, D. J. Williamson, C. Bohn, T. Kunst and D. Gray performed this task at 

the FAA Technical Center at Atlantic City International Airport, New Jersey. The inspection was 

conducted on aircraft serial number E009, the third flying prototype manufactured. FAA 

personnel indicated that the aircraft had experienced approximately 230 hours of flight time. 

The objective of the inspection was to identify any damage growth in structural defects 

existing prior to flight and to determine the extent of any structural damage due to flight history. 

The upper wing skins and the upper fuselage skin, areas considered most likely to suffer damage 

during manufacturing and maintenance operations, were evaluated using ultrasonic and 

thermographic techniques. Overall, very little damage was detected; with the exception of one 

area of mild porosity and one area of possible disbond between mating fuselage skins. Defects 

consisting of relatively minor delaminations around wing skin fasteners were also detected. 

Damage growth in defects existing prior to flight could not be evaluated because manufacturing 

and maintenance inspection records were not available. 

Initial ultrasonic inspection was performed using MAUS (Mobile Automated Ultrasonic 

System) equipment developed by McDonnell Douglas Aircraft Company. The MAUS consists of 

a hand-held sensor containing four conventional ultrasonic transducers which can simultaneously 

examine a four-inch-wide surface, and interface with a computer system that converts tranducer 

data into visual image that is used to evaluate damage. The transducers used a frequency of 5 

MHz, the same frequency that was used for inspection during part manufacturing and aircraft 

assembly operations. After initial inspections, an A-Scan was performed, using a single 

conventional hand-held transducer at 5 MHz, on all defects identified by the MAUS, to verify 

MAUS data. 

Defects identified by ultrasonic evaluation for the upper wing skins are summarized in figure 3, 

and the gray scale images of the MAUS data are shown in figures 4 through 13. Numbers next 

to defects shown in the MAUS images correlate with the defect numbers shown in figure 3 for 

the left and right wing skins, respectively. A total of 19 delarninations around the fastener heads 

were identified (5 on the left wing and 14 on the right wing) by the MAUS, all 
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FIGURE 4. MAUS IMAGES OF DEFECT NOS. 1 AND 2 ON THE UPPER LEFT 
WlNG SKIN. 

FIGURE 5. MAUS IMAGES OF DEFECT NOS. 3 AND 4 ON THE UPPER LEFT 
WlNG SKIN. 



F95-HPW03 

FIGURE 6. MAUS IMAGE OF DEFECT NO. 5 ON THE UPPER LEFT WlNG SKIN. 

F95-HPK/04 

FIGURE 7. MAUS IMAGE OF DEFECT NO. 1 ON THE UPPER RIGHT WlNG SKIN. 

10 



FIGURE 8. MAUS IMAGE OF DEFECT NO. 2 ON THE UPPER RIGHT WlNG SKIN. 

FIGURE 9. MAUS IMAGES OF DEFECT NOS. 3,4 AND 5 ON THE UPPER RIGHT 
WlNG SKIN. 



F95-HPW07 

FIGURE 10. MAUS IMAGES OF DEFECT NOS. 6 THROUGH 11 ON THE UPPER 
RIGHT WlNG SKIN. 

F95-HPW08 

FIGURE 11. MAUS IMAGE OF DEFECT NO. 12 ON THE UPPER RIGHT 
WlNG SKIN. 



FIGURE 12. MAUS IMAGES OF DEFECT NOS. 13 AND 14 ON THE UPPER RIGHT 
WlNG SKIN. 

FIGURE 13. MAUS IMAGE OF MINOR POROUS AREA ON THE UPPER LEFT 
WlNG SKIN (BETWEEN Yw 28 AND 40). 

F95-HPW10 



were verified by A-Scan. The majority of these delaminations were located around fasteners 

connecting the upper skins to the aft spars. One area of minor porosity was identified by the 

MAUS, located between wing stations Yw=28 and Yw=40, extending over the entire skin of the 

left wing in the chord direction, but could not be verified by A-Scan. Lack of verification by A- 

Scan indicates that MAUS equipment is more sensitive than conventional ultrasonic inspection 

equipment, which cannot detect defects that produce an ultrasonic attenuation less than 3dB. 

In addtion to the defects detected on the wing skins, the MAUS also obtained images that 

looked similar to those for disbonds along the entire length of the step-lap splice between the 

upper and side skins of the fuselage. One area of the splice, at Yf=15 and between Xf=335 and 

348, approximately 1.5 in. long on the right side of the aircraft, produced more clearly defined 

indications of delamination than other areas of the splice. An image of this area is shown in 

figure 14. However, no defects identified by the MAUS on the upper fuselage skin could be 

verified by A-Scan. 

Thennographic inspection was conducted using equipment developed by Northrop's B2 

Division, which consists of a simple heat source (heat lamp) and an infrared video camera 

capable of detecting subtle changes in part temperature. The technique is in the developmental 

stage and is based on the assumption that defective surface areas of a structure will absorb heat at 

a different rate than acceptable areas. Defect evaluation is based on a real-time examination of 

infrared video images. 

Thermographic inspection was performed on all defects and suspect areas identified by 

the MAUS. All delarninations around upper wing skin fasteners that were identified by ultrasonic 

inspection were also detected by thermography. However, the majority of these defects appeared 

to be slightly smaller than ultrasonic inspection data indicated. Thermographic inspection of the 

splice between upper and side fuselage skins produced no indications of disbond, even in the 

area that ultrasonic inspection identified as worse than other splice areas. In addition, 

thermographic inspection could not detect the area of mild porosity on the left wing that was 

detected by the MAUS. These results indicate that thermographic inspection equipment used is 

not as sensitive as conventional ultrasonic equipment. 

The majority of the defects detected on the upper wing skins were delaminations around fastener 

holes. This type of damage is usually produced during assembly of the composite structure. 

Assembly induced damage was investigated in detail in reference 8, where an analysis method 

was developed to evaluate the criticality of the damage. 'The defects detected during the 

inspection were evaluated using this method. The results of the analytical evaluation are 

presented in section 5. 



F95-HPW11 

FIGURE 14. MAUS IMAGE OF DISBONDS ALONG STEP-LAP SPLICE BETWEEN 
THE UPPER AND SIDE SKINS OF THE FUSELAGE. 





SECTION 4 

STRUCTURAL LOADS AND STRAINS 

The Lear Fan Model 2100 aircraft component loads were generated in compliance with 

the portions of the FAR Part 23 concerned with determination of flight and ground loads. The 

basic data and operating conditions necessary to calculate the flight and ground loads includes 

external dimensional data, wing and empennage airfoils, control surface deflection limits, 

weights and center of gravity limits, operating speeds and altitudes, maximum lift coefficient, 

speed-load factor diagrams, and pressurization limits. In addition, environmental factors 

affecting structure are included, particularly the operating structural temperature limits. The 

applied loads for the full-scale wing test were derived from calculated theoretical loads. These 

applied loads will be used for the damage tolerance evaluations of the wing structure in the 

subsequent sections. A description of the test article, the applied loads, and the strain distribution 

in the upper wing skin is given in the following paragraphs. 

4.1 FULL-SCALE WING TEST ARTICLE 

The purpose of the full-scale wing static tests was to demonstrate the structural integrity 

of the Lear Fan 2100 wing to the FAA certification requirements. This was done by 

demonstrating that the wing is capable of withstanding limit load without permanent detrimental 

deformation and ultimate load for at least three seconds without failure. The following static tests 

were conducted on the test articles. 

a. Symmetric down bending, 

b. Maximum negative torque, 

c. Asymmetric up bending, 

d. Maximum positive torque, 

e. Symmetric up bending, 

f. Symmetric up bending with pressurized wing. 

The test articles were constructed and inspected in accordance with Lear Fan Standard 

Specifications and production drawings. A sketch of the test article, along with the sign 

conventions for shear, moment and torque, is shown in figure 15. The test article for the 
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FIGURE 16. APPLIED TEST LOADS FOR THE SYMMETRIC UP BENDING TEST CASE. 
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The shear loads of the symmetric up bending case were derived from the "Maximum 

Positive Shear, Syrnmetric Flight Loads" data and the moment and torsion loads were derived 

from the "Maximum Positive Moment, Syrnrnetric Flight Loads" data. The torque at wing station 

28 was an exception because it would have required the introduction of a relieving torque at 

wing station 49. The torque load at wing station 28 was arbitrarily set to be equal to that at wing 

station 49. The maximum torque envelope was not combined with the maximum moment 

envelope as this would produce unrealistic relieving loads on the rear spar. 

The limit load condition was achieved without accident during the symmetric up bending 

test. Buckling was observed between wing stations Yw 28 at 84 percent of the ultimate test load 

for the 275 =AS flight envelope. The test was halted and the test article was modified with 

addition of external chordwise stiffeners to the upper wing skin. After the modification, the wing 

was retested. During loading to ultimate load, skin buckles were observed outboard of Yw 49 

and loading was discontinued at 94 percent of the 275 KEAS flight envelope ultimate load. The 

test applied loads shown in figures 16 through 19 are actually the 94 percent of the 275 KEAS 

ultimate loads. 

All major structural changes to Type Design generated during the wing static test 

program were incorporated in the E003 and E009 flight test articles with the exception of the 

upper skin external sitffeners, which were not retrofitted to E003. However, the E002 wing was 

successfully tested to 84 percent of the 275 KEAS flight loads without the additional upper skin 

stiffeners. In addition, the E009 wing which was mounted on the E003 flight test aircraft, was 

proof tested to 120 percent of the 275 KEAS limit load. A restricted flight envelope for both 

E003 and E009 based on the test results was therefore proposed by Lear Fan and approved by the 

FAA. 

4.3 UPPER WING SKIN STRAIN 

The maximum compressive ultimate strain of the upper wing skin observed during the 

wing static test program will be used for the damage tolerance evaluations. As expected, the 

symmetric up bending case produced the maximum co~npressive strain over the majority of the 

upper wing skin area. The significant wing static test results are summarized in figure 20 and the 

maximum compressive strains are shown in figure 21. The strain distributions along the spars on 

the upper wing skin were then estimated based on the worst case compression strains from figure 

21. These distributions are shown in figure 22 and the strain contours are shown in figure 23. 

These strains will be used in the damage tolerance evaluation discussed in section 5. 



MAX. DEFLECTION MAX. STRAIN 
TEST CONDITION 

LOCATION in. 
- 

LOCATION 

I 

SYMMETRIC DOWN BENDING 

LlMlT 

ULTIMATE 
- 

- 

Yw 226 
RT. WlNG 

UPPER WlNG SKlN 
Yw 38.5 CS 

-- 

L 

-- 

MAX. NEGATIVE TORQUE 

LlMlT 

ULTIMATE 

FS MID-HEIGHT 
Yw 38.5 

ASYMMETRIC UP BENDING (a) 

LlMlT UPPER WlNG SKlN 
Yw 38.5 CS 

ULTIMATE UPPER WlNG SKlN 
Yw 118CS 

MAX. POSITIVE TORQUE 

LlMlT 

ULTIMATE 
RIGHT WlNG CS 
Yw 38.5 

SYMMETRIC UP BENDING (b) 

LlMlT 

ULTIMATE 

UPPER WlNG SKlN 
Yw 38.5 CS 

CS CENTER SPAR 
FS FORWARD SPAR 

(a) AT 98% ULTIMATE: SKIN DEFORMATION ON RIGHT WING UPPER SKIN BETWEEN Yw 110 AND 126 
ALONG REAR SPAR. 
AT ULTIMATE: SKIN DEFORMATION NEAR REAR SPAR AT Yw 49. 
PAST TEST INSPECTION FOUND DISBONDS, REPAIRED WITH FASTENERS INSTALLED, TEST CONTINUED. 

(b) SKIN BlJCKLED BETWEEN Yw It: 28 AT 84% ULTIMATE. 
EXTERNAL CHORDWISE STIFFENERS ADDED FOR TYPE DESIGN, TEST CONTINUED WITH ADDED STIFFENERS 
AND SKlN BUCKLED OUTBOARD OF Yw 49 AT 94% ULTIMATE. 

F94-HPW25 

FIGURE 20. SUMMARY OF STATIC WlNG TEST RESULTS. 



Xes 

STRAIN 
(I4 

TEST CONDlTlON 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

ASYMMETRIC UP BENDING, 100% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

ASYMMETRIC UP BENDING, 100% ULT. 

ASYMMETRIC UP BENDING, 100% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

ASYMMETRIC UP BENDING, 100% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

ASYMMETRIC UP BENDING, 100% ULT. 

ASYMMETRIC UP BENDING, 100% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

SYMMETRIC UP BENDING, 94% ULT. 

FIGURE 21. WORST CASE ULTIMATE STRAIN OF THE UPPER WING SKIN. 
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SECTION 5 

DAMAGE TOLERANCE WALUATION 

The damage tolerance capability of the upper wing skin of the Lear Fan 2100 aircraft was 

evaluated and the results are presented in this section. The composite wing skin was evaluated 

for its impact damage tolerance capability and its ability to withstand assembly induced damage. 

The impact damage tolerance methodology developed in reference 6 was used to estimate the 

structural reliability for impact damage and the method developed in reference 8 was used for 

assembly induced damage. The upper wing skin was first divided into small regions, based on 

the substructural arrangement, suitable for damage tolerance evaluation. Structural reliability was 

then assessed for each subdivision based on the damage threat. The structural sudivisions and a 

brief summary of the analysis methods and the analytical results are discussed in the following 

paragraphs. 

5.1 STRUCTURAL SUBDIVISION 

The upper wing was divided into small subdivisions for damage tolerance evaluations. 

One half of the continueous wing structure, from Yw=O.O to Yw=226.0, was considered in this 

evaluation. The flight control surfaces were not included. The subdivision was based on the 

arrangement of the substructures and the thickness distribution of the skin. Near the wing tip 

only the front, center, and rear spars were used for subdivision, this was because the tip area is 

relatively narrower. Inboard of Yw=140, in addition to the spars, the ply drop-off lines were also 

used to subdivide the skin. The subdivisions of the upper wing skin are shown in figure 24. A 

total of 139 regions resulted from the subdivision process, as shown in the figure. 

After the wing skin was divided into small regions, the thickness and the mechanical 

properties in each region were nearly uniform. For the purposes of impact damage tolerance 

evaluations, additional data were required: the width of the skin bay, the stiffness of the adjacent 

stiffeners, and the width of the adjacent bays. In order to compute the reliability of the damaged 

structure, the ultimate strain of the region was also needed. These data are summarized in table 1. 

Two strain values are given in the table. The first value is the average strain computed for the 

four corners of the region and the second value is the maximum of the corner strains. 





TABLE 1. SUBDIVISIONS FOR DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN STRAINS. 

REG. Y,  t LAYUP W AE bl bz STRAIN 



TABLE 1. SUBDIVISIONS FOR DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN STRAINS. (CONTINUED) 

REG. Y, t LAYUP W AE b~ b2 STRAIN 



TABLE 1. SUBDIVISIONS FOR DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN STR4INS. (CONTINIJED) 

- -. 

REG. Y, t LAYUP W AE bl bz STRAIN 



TABLE 1. SUBDIVISIONS FOR DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN STRAINS. (CONTINUED) 

REG. Y, t LAYUP W AE bl b2 STRAIN 
-- -. 



TABLE 1. SUBDIVISIONS FOR DAMAGE TOLERANCE EVAILJATION, 
LEAR FAN 2100 UPPER WING SKIN STRAINS. (CONCLUDED) 

- - 

REG. Y, t LAYUP W AE bl bz STRAIN 

Note Two values of strains are given for each region as (1)1(2), where (1) is the average value 
From estimated strain at the comers of the given region, and (2) is the maximum of the 
comer strains of the given region. 
All strains are compression. 
Total width of the structure W(tota1) = 2.0*W+b1+b. For regions along edges of the 
structure, the edge bay width ranges from 0.5 to 2.0 in. 



5.2 IMPACT DAMAGE TOLERANCE EVALUATION 

The integrated reliability analysis method developed in reference 6 was used for impact 

damage tolerance evaluation of the upper wing skin. In this method, the reliability of a composite 

structure, under a given impact threat, is evaluated at various applied stress (strain) levels. The 

method integrates the postimpact strength anlaysis technique, the postimpact strength data scatter 

and the impact threat distribution into a single reliability computation. The analysis procedure is 

schematically shown in figure 25. Figure 25a shows the relationship between the postirnpact 

strength and the impact energy. Also shown in figure 25a are the postimpact strength data scatter 

at different impact energy levels. The stiffness reduction model developed in reference 10 was 

used to establish the relationship between the postimpact strength and the impact energy. The 

strength scatter is described by a Weibull distribution and the numerical values of the Weibull 

parameters are established in reference 6. In figure 25b, the impact threat distribution is shown as 

a Weibull distribution. Three levels of impact threat were used in the evaluation. These are the 

high, medium, and low threats as defined in reference 6 and shown in figure 26. In addition, the 

discrete 100 ft-lb impact was also used in the evaluation. The postimpact strength and the impact 

threat are combined to form a compounded distribution to determine the reliability of the 

damaged structure at a given stress (strain), as shown in figure 2%. Computer programs 

'PISTREI' and 'PISTKE2' developed, based on this method, in reference 6 were used for 

numerical analysis. 

The results of the impact damage tolerance evaluation are summarized in tables 2 through 

10 and the reliabilities of the local areas on the upper wing skin are given in figures 27 through 

35. Each subdivision of the upper wing skin, figure 24, was evaluated against four impact 

threats. The impact threats are the low, medium and high impact distributions as shown in figure 

26 and a discrete 100 ft-lb impact at the center of the subdivision. The low impact threat is 

characterized by a modal impact energy level of 4 ft-lb and a 0.0001 probability of a 100 ft-lb 

impact. The medium threat has a  nodal impact energy of 6 ft-lb and 0.01 probability of 100 ft-lb 

impact. The modal impact energy for the high irnpact threat is 15 ft-lb and the probability of 100 

ft-lb impact is 0.1. As pointed out in reference 6, these impact threats are very severe for a 

military aircraft. Even though there are no in-service records for the Lear Fan 2100 type of 

aircraft, these threats are considered to be more severe than those that the aircraft will encounter. 

Both the average ultimate strains and the maximum strains as shown in table 1 were used 

in the impact damage tolerance evaluations. Tables 2 through 5 show the results obtained using 

the average strain in each subdivision. In these tables, the B-basis allowable for each 





High Xm = 15 f t -  lb 

Medium Xm = Gf t -  lb 

p (100) = 0.01 

MEDIUM THREAT 

LOW Xm = 4 f t - l b  

IMPACT ENERGY (ft-lb) 
F94-HPW31 

FIGURE 26. PROBABILITY DISTRIBUTION OF IMPACT THREATS. 



TABLE 2. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
L E A .  FAN 2100 UPPER WING SKIN, LOW IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUEElIVISION. 

MODAL IMPACT ENERGY = 4 ft-lb 
PROBABILITY FOR 100 ft-lb IMPACT = 0.0001 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

(MICRO) IF FF IF FF 



TABLE 2. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, LOW IMPACT 'IMRl?AT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILI'IY 
REG. B-ALL. M.S. @DLL @Dm 

(MICRO) IF FF IF FF 



TABLE 2. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, LOW IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL 

IF FF 
@nrJL 

WCRo)  IF FF 



TABLE 2. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, LOW IMPACT THREAT, 
AVERAGE STRAZN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

WCRo)  IF FF IF FF 



TABLE 2. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, LOW IMPACT THREAT, 
AVERAGE STRAIN IN EACH SIJBDMSION. (CONCLUDED) 

RELIABILITY 
REG. B-ALL. M.S. @DL1, @DuL 

@@cRo) IF FF IF FF 

Note: (1) B-basis allowable strain is based on the damage tolerance design criterion for no 
structural failure at DUL. 

(2)  "IFN is the initial failure of the impact damaged zone, 
"FF" is the final failure of the impact damaged bay. 



M L E  3. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THEEAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. 

MODAL IMPACT ENERGY = 6 ft-lb 
PROBABILITY FOR 100 ft-lb IMPACT = 0.01 

RELIABILITY 
REG. B-ALL. M.S. 

IF 
@DLL 

FF IF 
@Dm 

(MICRO) FF 



TABLE 3. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

N C R o )  IF FF IF FF 



TABLE 3. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REEIABILI'IY 
REG. B-ALL. M.S. @DLL @Dm 

W R O )  IF FF IF FF 



TABLE 3. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. MS. @DLL @Dm 

OLIICRO) IF FF IF FF 



TABLE 3. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, MEDIUM IMPACT TIIREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONCLUDED) 

Note: (1) B-basis allowable strain is based on the damage tolerance design criterion for no 
structural failure at DUL. 

(2) "IF" is the initial failure of the impact damaged zone, 
"FF" is the final failure of the impact damaged bay. 



TABLE 4. RESlJI,TS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, HIGH IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. 

MODAL IMPACT ENERGY = 15 ft-lb 
PROBABILITY FOR 100 ft-lb IMPACT = 0.1 

RELIABILITY 
REG. B-ALL. M.S. @DLL 

IF 
@DvL 

(MICRO) IF FF FF 



TABLE 4. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, HIGH IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @DvL 

(MICRO) IF FF IF FF 



TABLE 4. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, HIGH IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINJED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL 

FF IF 
@Dm 

(MICRO) IF FF 



TABLE 4. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, HIGH IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

(MICRO) IF FF IF FF 



TABLE 4. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, HtGH IMPACT THREAT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONCLUDED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

(I\lrrCRO) IF FF IF FF 

Note: (1) B-basis allowable strain is based on the damage tolerance design criterion for no 
structural failure at DUL. 

(2) "IF" is the initial failure of the impact damaged zone, 
"FF" is the final failure of the impact damaged bay. 



TABLE 5. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER ?WNG SKIN, 100 ET-LB IMPACT, 
AVERAGE STRAIN IN EACH SUBDIVISION. 

DISCRETE IMPACT AT 100 ft-lb ENERGY LEVEL 

RELIABILITY 
REG. B-ALL. M.S. @DLL @uuL 

(MICRO) IF FF IF FF 



TABLE 5. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WMG SKIN, 100 FT-LB IMPACT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTIN[JED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

W c R o )  IF FF IF FF 



TABLE 5.  RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, 100 FT-LB IMPACT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONTINUED) 



TABLE 5. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, 100 IT-LB IMPACT, 
AVERAGE STRATN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

W C W  IF FF IF FF 



TABLE 5. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, 100 FT-LB IMPACT, 
AVERAGE STRAIN IN EACH SUBDIVISION. (CONCLUDED) 

RELIABILI'IY 
REG. B-ALL. M.S. @DLL 

WCRo) IF FF IF FF 

Note: (1) B-basis allowable strain is based on the damage tolerance design criterion for no 
structural failure at DUL. 

(2) "IF" is the initial failure of the impact damaged zone, 
'%I;" is the final failure of the impact damaged bay. 



TABLE 6. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, LOW IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. 

MODAL IMPACT ENERGY = 4 A-lb 
PROBABILITY FOR 100 ft-lb IMPACT = 0.0001 

RELIABILITY 
REG. B-ALL. MS. @DLL @Dm 

WCRo)  IF FF IF FF 



TABLE 6. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, LOW IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 



TABLE 6. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, LOW IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REIdABILITY 
REG. B-ALL. MS. @DLL @Dm 

W C W  IF FF IF FF 



TABLE 6. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, LOW IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDMSION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. 

IF 
@DLL 

FF 
@Dm 

W C W  IF FF 



TABLE 6. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, LOW IMPACT THREAT, 
MAXIMUM STRAIN TN EACH SUBDIVISION. (CONCLUDED) 

REG. B-ALL. 
W C W  

M.S. 
RELIABILITY 

@DLL @Dm 
IF FF IF FF 

Note: (1) B-basis allowable strain is based on the damage tolerance design criterion for no 
structural failure at DUL. 

(2) "IF" is the initial failure of the impact damaged zone, 
"FF" is the final failure of the impact damaged bay. 



TABLE 7. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. 

MODAL IMPACT ENERGY = 6 ft-lb 
PROBABILITY FOR 100 ft-lb IMPACT = 0.01 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

WCRO) IF FF IF FF 



TABLE 7. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THREAT, 
MAXIMIJM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

-- -- 

RELIABILITY 
REG. B-ALL. MS. @DLL @Dm 

(IWcRo) IF FF IF FF 
- 



TABLE 7. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 



TABLE 7. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, MEDIUM IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. MS. @DLL @Dm 

(MICRO) IF FF IF FF 



TABLE 7. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, MEDlUM IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONCLUDED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL @Dm 

(IWcRo) IF FF IF FF 

Note: (1) B-basis allowable strain is based on the damage tolerance design ~riterion for no 
structural failure at DUL. 

(2) "IF" is the initial failure of the impact damaged zone, 
"FF" is the final failure of the impact damaged bay. 



TABLE 8. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, HIGH IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. 

MODAL IMPACT ENERGY = 15 ft-lb 
PROBABILITY FOR 100 ft-lb JMPACT = 0.1 

RELIABILITY 
REG. B-ALL. M. S. @DLL 

IF 
@Dm 

(MICRO) IF FF FF 



TABLE 8. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, HIGH IMPACT TIlRE%T, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL 

(MICRO) IF FF IF FF 
@DUL 



TABLE 8. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WING SKIN, HIGH IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. MS. @DLL @DlJL 

WCRQ IF FF IF FF 



TABLE 8. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, HIGH IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. @DLL 

IF FF IF 
@ D m  

WCRQ J?F 



TABLE 8. RESULTS OF IMPACT DAMAGE TOLERANCE EVALTJATION, 
LEAR FAN 2 100 UPPER WING SKIN, HIGH IMPACT THREAT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONCLUDED) 

RELIABILITY 
REG. B-ALL. MS.  O L L  @Dm2 

(MICRO) IF FF IF FF 

Note: (1) B-basis allowable strain is based on the damage tolerance design criterion for no 
structural failure at DUL. 

(2) "IF" is the initial failure of the impact damaged zone, 
"FF" is the final failure of the impact damaged bay. 
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TABLE 9. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 TJPPER WING SKIN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 



TABLE 9. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKTN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 



TABLE 9. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2 100 UPPER WMG SKIN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. MS. @DLL @Dm 

WCRo) ITi FF IF FF 



TABLE 9. RESULTS OF IMPACT DAMAGE TOLERANCE EVALUATION, 
LEAR FAN 2100 UPPER WING SKIN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONCLUDED) 

RELIABILITY 
REG. B-ALL. MS. @LL 

(MICRO) IF FF IF FF 

Note: (1) B-basis allowable strain is based on the damage tolerance design criterion for no 
structural failure at DUL. 

(2) "IF" is the initial failure of the impact damaged zone, 
"FF" is the final failure of the impact damaged bay. 



TABLE 10. SUMMARY OF IMPACT DAMAGE CRITICAL LOCATIONS, 
LEAR FAN 2 100 UPPER WING SKIN. 

RELIABILITY 
IMPACT DUL REG. M.S. @DLL @Dm 
THREAT IF FF IF FF 

I. LOWEST RELIABILITY AT DLL FOR INITIAL FAILURE 

LOW 
LOW 
LOW 

LOW 
LOW 
LOW 

MED. 
MED. 
MED. 

MED. 
MED. 
MED. 

HIGH 
HIGH 
HIGH 

HIGH 
HIGH 
HIGH 

1 oofb 
100% 
100% 

1oofb 
1 OOfb 
loofb 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 



TABLE 10. SUMMARY OF IMPACT DAMAGE CRITICAL LOCATIONS, 
LEAR FAN 2 100 UPPER WING SKIN. (CONTINUED) 

RELIABILITY 
IMPACT DUL REG. M.S. 
THREAT IF IF FF 

@DLL 
FF 

@Dm 

11. LOWEST RELIABILITY AT DLL FOR FINAL FAILURE 

LOW 
LOW 
LOW 

LOW 
LOW 
LOW 

MED. 
MED. 
MED. 

MED. 
MED. 
MED. 

HIGH 
HIGH 
HIGH 

HIGH 
HIGH 
HIGH 

lorn 
lorn 
loo& 

l o w  
l o w  
loofb 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 



TABLE 10. SUMMARY OF IMPACT DAMAGE CRITICAL LOCATIONS, 
LEAR FAN 2 100 UPPER WTNG SKIN. (CON'TlNUED) 

RELIABILITY 
IMPACT DUL REG. M.S. @DLL @Dm 
THREAT IF FF IF FF 

111. LOWEST RELIABILITY AT DUL FOR INITIAL FAILURE 

LOW 
LOW 
LOW 

LOW 
LOW 
LOW 

MED. 
MED. 
MED. 

MED. 
MED. 
MED. 

HIGH 
HIGH 
HIGH 

HIGH 
HIGH 
HIGH 

lorn 
100% 
100% 

l0Otb 
100% 
100% 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 



TABLE 10. SUMMARY OF IMPACT DAMAGE CRITICAL LOCATIONS, 
LEAR FAN 2 100 UPPER WING SKIN. (CONTINUED) 

RELIABILlTY 
IMPACT DUL REG. M.S. @DLL @Dm 
T I m A T  IF FF IF FF 

IV. LOWEST RELIABILITY AT DUL FOR FINAL FAILURE 

LOW 
LOW 
LOW 

LOW 
LOW 
LOW 

MED. 
MED. 
MED. 

MED. 
MED. 
MED. 

HIGH 
HIGH 
HIGH 

HIGH 
HIGH 
HIGH 

1004% 
low 
l0Ofb 

1004% 
low 
l0Ofb 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE" 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 

AVE. 
AVE. 
AVE. 

MAX. 
MAX. 
MAX. 



TABLE 10. SUMMARY OF IMPACT DAMAGE CRITICAL LOCATIONS, 
LEAR FAN 2 100 UPPER WING SKIN. (CONCLUDED) 

RELIAl3ILITY 
IMPACT DTJL REG. M.S. @DLL 

FF TF THREAT IF FF 

V. LOWEST MARGIN OF SAFETY 

LOW 
LOW 
MED. 
MED. 
HIGH 
HIGH 
1 m  
loofb 

AVE. 
MAX. 
AVE. 
MAX. 
AVE. 
MAX. 
AVE. 
MAX. 

VI. HIGHEST MARGIN OF SAFETY 

LOW 
LOW 
MED. 
MED. 
HIGH 
HIGH 
loofb 
l o rn  

AVE. 
MAX. 
AVE. 
MAX. 
AVE. 
MAX. 
AVE. 
MAX. 
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subdivision is the strain level that produces a 0.90 reliability at ultimate condition. Therefore, the 

margin of safety (M.S.) is evaluated against the ultimate strain of the subdivision. Four values of 

reliabilities are given for each subdivision. They are the reliability for (1) local failure at limit 

strain (IF @DLL); (2) structural failure at limit strain (FF @DLL); (3) local failure at ultimate 

strain (IF ODUL); and, (4) structural failure at ultimate strain (FF ODUL). Similar results 

obtained by using the maximum ultimate strain in each subdivision are shown in table 6 through 

9. 

The results shown in table 2 indicate that the upper skin under the average limit strain has 

very high reliability against low impact threat. The reliability exceeds 0.99 for the entire skin 

with a minimum of 0.99725 for initial failure and 0.99790 for final failure. The reliability 

remains relatively high for the majority of the skin under ultimate strain, except for a region aft 

of the center spar between Yw 69 and 87 where the reliability falls below 0.90. It may be noted 

that the worst case ultimate strain in the area with low reliability exceeds 3000 micro. The 

distribution of the damaged structural reliability for structural failure under the average ultimate 

strain is depicted in figure 27. The figure shows that the reliability in the wing tip area is high 

and decreases towards the aircraft centerline. Also, the reliability decreases from the leading and 

trailing edges towards the center spar. That is, the reliability distribution follows closely with the 

strain distribution within the upper wing skin. This same distribution trend was observed for all 

results of the impact damage tolerance evaluations. 

The results of impact damage tolerance evaluation for the upper wing skin with average 

strain against medium impact threat are summarized in table 3, and the reliability distribution for 

structural failure at ultimate strain is shown in figure 28. Table 3 indicates that the structural 

reliability against medium threat is high at limit strains. The minimum reliability in subdivision 

87 is 0.97588 for initial failure and 0.99203 for structural failure. That is, the skin reliability 

exceeds 0.99 under limit applied strain. Figure 28 shows that the reliability exceeds 0.99 for the 

area outboard of Yw 129. The reliability decreases inboard of Yw 129. It becomes lower than 

0.90 inboard of Yw 123 immediately aft and forward of the center spar, as shown by region 4 of 

figure 28. 

Similar results for the skin under average strain against high-impact threat are 

summarized in table 4 and the reliability distribution at ultimate strain is shown in figure 29. 

Table 4 shows that the reliability at limit strain remains relatively high, with a minimum of 

0.98215 for final structural failure and 0.87290 for initial failure in subdivision 87, the same 

critical location as in the previous cases. Figure 29, however, shows that the reliability is 

significantly reduced from the previous cases. Even though the wing tip area, outboard of Yw 



136, still has reliabilities exceeding 0.99, the reliability for the majority of the wing skin inboard 

of Yw 129 is reduced to below 0.90. 

The results for the discrete 100 ft-lb impact threat are summarized in table 5 and the 

reliability under ultimate strain is plotted in figure 30. These results show that the reduction in 

reliability against this impact threat is even more significant as compared to the high- 

probabilistic threat scenario. Also, the results shown in table 5 indicate that the most critical 

location for limit strain shifted further inboard. The minimum reliability under limit strain is 

0.89184 for initial failure and 0.77825 for final failure in subdivision 137 near the aircraft 

centerline. Figure 30 shows that under ultimate strain the reliability is either very high outboard 

of Yw 143 or very low inboard of Yw 123. Only a very small area of the skin has reliability 

between 0.90 and 0.99. 

The evaluation was repeated for the four impact threats under the maximum ultimate 

strain shown in table 1. The trend of the results is similar. As expected, the reliabilities are lower. 

The results are summarized in tables 6 through 9 and the reliability distributions for final failure 

under ultimate strain are shown in figures 3 1 through 34. Figures 3 1 through 34 show that the 

region with reliabilities below 0.90 for all impact threats is significantly expanded. In the case of 

the 100 ft-lb impact threat, the area with reliability exceeding 0.99 is reduced to the wing tip area 

outboard of Yw 158 and the area with less than 0.90 reliability expanded from Yw 143 inboard. 

The critical locations on the upper wing skin against impact threat are sumrriarized in 

table 10 and shown in figure 35. As shown in figure 35 there are two distinct critical locations. 

These are subdivisions 77, 82 and 87 in one group and subdivisions 126, 127, 13 1, 132, 136 and 

137 in the second group. The first group is located aft of the center spar between Yw 69 and 87. 

This location is most critical for the distributed impact threats under average strains. The second 

group is located between the center and rear spars inboard of Yw 20. This group is most critical 

for the distributed impact threats under maximum strains and the 100 ft-lb impact, or the more 

severe threat. 

The results of the impact damage tolerance evaluations indicate that the Lear Fan 2100 

upper wing skin is capable of withstanding the low- and medium-impact threat defined in 

reference 6. Against the high-impact threat and the 100 ft-lb discrete impact, the reliability of the 

skin is relatively low. As discussed earlier, the impact threats used in this study are considered 

to be very severe for this type of aircraft. Therefore, it may be concluded that the skin has 

reasonable damage tolerance capability against impact threats under the limit conditions. 



5.3 ASSEMBLY INDUCED DAMAGE TOLERANCE EVALUATION 

The residual strength prediction method developed in reference 8 for composite laminate 

with assembly induced damage was used to evaluate the damage tolerance capability of the 

upper skin. In this analysis, an equivalent hole with size equal to that of the apparent 

delamination is modelled for the damage. The strength of the laminate is reduced by using a 

stiffness reduction technique. Such an analytical technique has been used in references 10 and 

11. This technique is based on the analysis method of reference 12 for an anisotropic plate with a 

solid inclusion coupled with the average stress criterion proposed in reference 13. The computer 

program 'REDSTF' developed in reference 8 was used for the upper wing skin evaluation. 

In the damage tolerance evaluation of the Lear Fan 2100 upper wing skin with assembly 

induced damage, the stiffness in the damage zone is characterization by stiffness retention ratios 

(Sr). These are the ratios of the Young's moduli and the shear modulus of the damaged zone to 

those of the undamaged laminate. For simplicity of the evaluation, only one stiffness ratio was 

used. Based on the experimental data analyzed in reference 8, a baseline value of Sr=O.15 was 

used in the evaluation. The characteristic length (a0) for the average stress criterion (reference 

13) was determined based on data published in open literature, and the baseline value is 0.10. 

The scatter parameters needed for reliability analysis were obtained based on the statistical 

survey conducted in reference 8. The baseline values are: Weibull shape parameter of 20 with 

sample size of 30 for the undamaged laminate and Weibull shape parameter of 12 with sample 

size of 10 for the damaged laminate. 

The results of damage tolerance evaluation for the upper wing skin with assembly 

induced damage around fastener holes are summarized in tables 1 1 through 15 and are shown in 

figures 36 through 40. All results are based on assembly induced damage around 0.25-in. 

fastener holes, and the damage is assumed to be circular in shape. Table 11 and figure 36 show 

the structural reliabilities of the skin with a 2.0-in.-diameter damage. This damage size exceeds 

the largest defect detected during the nondestructive inspection (see figure 3 ). This damage size 

also is comparable with those observed in the existing composite aircraft structures as 

documented in reference 14 and recommended in reference 8 for damage tolerance certification. 

Only the maximum strain in each subdivision was considered in this evaluation because of the 

extremly high reliabilities obtained from the analysis. table 11 shows the reliabilities at limit, 

1.25 times limit and ultimate strains. The 1.25 times limit is considered because this load level is 

used as the maximum spectrum load for the military aircraft. The results shown in table 11 

indicate that the reliability is very high at all load levels considered. 



TABLE 11. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2100 UPPER WING SKIN, 2.0-IN. 
DIAMETER DAMAGE ZONE, &=O. 15, MAXIMUM STRAIN IN 
EACH SUBDIVISION. 

RELIABILITY 
REG. B-ALL. MS. 

(MICRO) @DLL @1.25DLL @DUL 



TABLE 11. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 2.0-IN. 
DIAMETER DAMAGE ZONE, Sr=O. 15, MAXIMUM STRAIN IN 
EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. M.S. 

(MICRO) @DLL @ 1.25DLL @UI, 



TABLE 11. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2100 UPPER WING SKIN, 2.0-IN. 
DIAMETER DAMAGE ZONE, Sr=O. 15, MAXIMUM STRAIN IN 
EACH SUBDIVISION. (CONTINUED) 

RELIABILITY 
REG. B-ALL. MS.  

(MICRO) @DLL @1.25DLL @UL 



TABLE 1 1. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2100 UPPER WING SKIN, 2.0-IN. 
DIAMETER DAMAGE ZONE, &=O. 15, MAXIMUM STRAZN IN 
EACH SUBDIVISION. (CONTR\TUED) 

RELIABILITY 
REG. B-ALL. MS.  

(h4ICRO) @DLL @1.25DLL @UL 



TABLE 1 1. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2100 UPPER WING SKIN, 2.0-IN. 
DIAMETER DAMAGE ZONE, S,=O. 15, MAXIMUM STRfUN IN 
EACH SUBDIVISION. (CONCLUDED) 

RELIARILITY 
REG B-ALL. M.S. 

(MICRO) @DLL @1.25DLL @DUL 

Note: (1) Damage zone has a reduced stiffness around a 0.25-in. diameter fastener. 
(2) &is the stiffness retention ratio. 



TABLE 12. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALIJATION, LEAR FAN 2 100 IJPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, S r 4 .  15, MAXIM1Jh4 
STRAIN IN EACH SUBDIVISION. 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
N C R o )  (MICRO) 0.90 0.95 0.99 



TABLE 12. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, L E A .  FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, Sr=O. 15, MAXIMUM 
STRATN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) (h.lncRo) 0.90 0.95 0.99 



TABLE 12. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DV\METEiR, S,=0.15, MAXRMIJM 
STRAIN IN EACH SUBDMSION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
W c R o )  (1WcRo) 0.90 0.95 0.99 



TABLE 12. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ACLOWABLE DAMAGE DIAMETER, &=O. 15, MAXIMUM 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-AIL. DUL S'I'RAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) N C R o )  0.90 0.95 0.99 



TABLE 12. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, s 4 . 1 5 ,  MAXIMUM 
STRAIN IN EACH SUBDMSION. (CONCLUDED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
W C R o )  (MICRO) 0.90 0.95 0.99 

Note: (1) B-basis allowable strain is for a damage 2.0-in. in diameter and with a stifhess retention 
ratio S r 4 .  15. 

(2) Damage zone includes a 0.25-in. diameter fastener hole. 
(3) * denotes allowable damage diameter larger than 10.0-in. 



TABLE 13. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, Sr=O.O1, MAXIMUM 
STRAIN IN EACH SUBDIVISION. 

REG. B-ALL. DUL STRAW ALLOWABLE DAMAGE DIAMETER 
(MICRO) (MICRO) 0.90 0.95 0.99 



TABLE 13. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, s 4 . 0  1, MAXIMUM 
STRAIN IN EACH SUBDMSION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(M[cRo) N C R o )  0.90 0.95 0.99 



?'ABLE 13.RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DLAMETER, S,=0.0 1, MAXTMUM 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) (MICRO) 0.90 0.95 0.99 



TABLE 13. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WlNG SKIN, 
ALLOWABLE DAMAGE DIAMETER, Sr=O.O1, MAXIMUM 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMEER 
(MICRO) W c R o )  0.90 0.95 0.99 



TABLE 13. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAME'ER, Sr=O.O 1, MAXIMUM 
STRAIN IN EACH SUBDIVISION. (CONCLUDED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) (IWCRO) 0.90 0.95 0.99 

Note: (1) B-basis allowable strain is for a damage 2.0-in. in diameter and with aifhess retention 
ratio &=0.01. 

(2) Damage zone includes a 0.25-in. diameter fastener hole. 
(3) * denotes allowable damage diameter larger than 10.0-in.; 

** denotes allowable damage diameter smaller than 0.25-in. 



TABLE 14. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALIJATION, LEAR FAN 2100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, S,=O.001, MAXIMUM 
STRAIN IN EACH SUBDMSION. 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
W c R o )  (h.IIcRo) 0.90 0.95 0.99 



TABLE 14. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, S,=O.001, MAXlhWM 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL S W  ALLOWABLE DAMAGE DIAMETER 
W C R o )  (MICRO) 0.90 0.95 0.99 



TABLE 14. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, S,=O.00 1, MAXIMUM 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DLAMETER 
(MICRO) (MICRO) 0.90 0.95 0.99 



TABLE 14. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, &+.001, MAXIMUM 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) WCRo)  0.90 0.95 0.99 



TABLE 14. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, &=0.001, MAXIMUM 
STRAIN IN EACH SUBDMSION. (CONCLUDED) 

REG. B-AIL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) MCRo)  0.90 0.95 0.99 

Note: (1) B-basis allowable strain is for a damage 2.0-in. in diameter and with stiffness retention 
ratio &=0.001. 

(2) Damage zone includes a 0.25-in. diameter fastener hole. 
(3) * denotes allowable damage diameter larger than 10.0-in.; 

** denotes allowable damage diameter smaller than 0.25-in. 



TABLE 15. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUA'ITON, LEAR FAN 2100 UPPER WING SIUN, 
ALLOWABLE DAMAGE DIAMETER, S 4 . 0  1, AVERAGE 
STRALN IN EACH SUBDIVISION. 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
WCRo) (MICRO) 0.90 0.95 0.99 



TABIB 15. RESULTS OF ASSEMBLY INDLJCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, Sr=O.O1, AVERAGE 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) (ILIIcRo) 0.90 0.95 0.99 



TABLE 15. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, &=0.01, AVERAGE 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DlAMETER 
W c R o )  W c R o )  0.90 0.95 0.99 



TABLE 15. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, S,=O.O 1, AVERAGE 
STRAIN IN EACH SUBDIVISION. (CONTINUED) 

REG. B-ALL. DUL STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) W C R o )  0.90 0.95 0.99 



TABLE 15. RESULTS OF ASSEMBLY INDUCED DAMAGE TOLERANCE 
EVALUATION, LEAR FAN 2 100 UPPER WING SKIN, 
ALLOWABLE DAMAGE DIAMETER, Sr=O.O 1, AVERAGE 
S n w M  IN EACH SUBDIVISION. (CONCLUDED) 

REG. B-ALL. DUI, STRAIN ALLOWABLE DAMAGE DIAMETER 
(MICRO) (MICRO) 0.90 0.95 0.99 

Note: (1) B-basis allowable strain is for a damage 2.0-in. in diameter and with stiffness retention 
ratio $=0.01. 

(2) Damage zone includes a 0.25-in. diameter fastener hole. 
(3) * denotes allowable damage diameter larger than 10.0-in.; 

** denotes allowable damage diameter smaller than 0.25-in. 
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The minimum reliabilities at limit and 1.25 times limit strains exceed 0.99 and the 

minimum reliability at ultimate strain is 0.92825. Figure 36 shows the reliability distribution 

within the upper wing skin with 2.0-in.-diameter assembly induced damage under maximum 

ultimate strain. The figure shows that the reliability exceeds 0.90 for the entire wing skin. These 

results indicate that the baseline assembly induced damage is less severe as compared to the 

impact threats. 

Tables 12 through 15 show the allowable damage size in the wing skin. Allowable 

damage sizes for 0.90, 0.95 and 0.99 reliabilities under maximum ultimate strains are shown in 

tables 12 through 14. Similar results for the skin under average ultimate strain are shown in table 

15 for comparison purposes. Table 12 shows the results for the baseline damage scenario, that is 

for a stiffness retention ratio of 0.15. The results indicate that the allowable damage size is very 

sensitive to the reliability requirement. For the 0.90 reliability at ultimate condition, or the 

equivalent of a B-basis reliability requirement, the allowable damage diameter is large over the 

entire skin. The minimum allowable damage diameter is 4.045-in. which is considered to be a 

very rare damage scenario induced by the assembly processes. The distribution of the allowable 

damage size over the upper wing skin for this baseline case with 0.90 reliability under ultimate 

strain is shown in figure 37. The figure shows that the major portion of the wing skin can 

withstand damage larger than 10 in. in diameter. The minimum allowable damage size is 

between 4.0 and 5.0-in. located aft and forward of the center spar inboard of Yw 55. 

As the reliability requirement is enhanced, the allowable damage size is reduced. This 

can be observed from the results shown in table 12. At the 0.95 reliability level, the minimum 

allowable damage diameter is reduced to approximately 1.0 in. in the region inboard of Yw 55 

near the center spar. This critical damage size is further reduced to approximately 0.30 in. as the 

reliability requirement becomes 0.99 under ultimate condition. 

Sirnilar results for reduced stiffness retention ratio are summarized in tables 13 and 14 

and are shown in figures 38 and 39. Table 13 shows the results for a stiffness retention ratio (Sr) 

of 0.01. This level of damage is usually induced by a poor assembly process due to severe 

overtorque or fastening composite parts with large unshimrred gaps. The results shown in table 

13 indicate that the minimum allowable damage diameter is approximately 0.4 in. for the 0.90 

reliability requirement in the most critical area of the wing skin. For a 0.99 reliability 

requirement, no damage of this type will be tolerated in the critical area, as the minimum 

allowable damage diameter is smaller than the fastener hole diameter of 0.25-in. The distribution 

of the allowable damage size is shown in figure 38. This figure shows that the allowable damage 
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size is still large in the wing tip area. However, the allowable da~nage diameter is smaller than 

2.0-in. for a large portion of the skin inboard of Yw 123. 

Table 14 shows results for Sr=0.001, which represents damage induced by a very poor 

assembly procedure with nearly visible fastener pull-through. As expected, the results show a 

very significant reduction in the allowable darnage size in the critical locations of the wing skin. 

The minimum allowable damage diameter for a 0.90 reliability, is 0.375-in. in subdivisions 137 

and 138. The 0.90 reliability damage size distribution is shown in figure 39. As shown in the 

figure, the allowable damage diameter is smaller than 1.0 in. for a large portion of the skin 

inboard of Yw 1 1 1. 

Table 15 and figure 40 show the results of allowable damage size for the wing skin under 

average ultimate strain in each subdivision with Sr=O.Ol, for comparison purposes. These results 

show that a large portion of the skin is capable of tolerating large size damage. However, the 

allowable damage diameter is smaller than 1.0 in. for portions of the inboard area near the center 

spar. 

In addition to the damage tolerance evaluation of the wing skin with the assumed damage 

scenarios discussed above, the effects of the defects detected during NDI was also analytically 

evaluated. The majority of the defects detected during NDI, fall into the category of assembly 

induced damage and they are summarized in figure 3. Based on the results of the inspection, the 

baseline damage scenario was modelled for evaluation. The results are surnrnarized in table 16. 

The actual defect sizes were not used to obtain the results shown in table 16 because they are 

relatively small and the analysis indicated that with the actual damage size the reliability at 

ultimate strain is 1.0 for all defects. Table 16 shows the B-basis allowable strain, the margin of 

safety and the reliability at maximum ultimate strain for each damage location with a 2.0-in.- 

diameter circular damage and a stiffness retention ratio of 0.15. The allowable damage diameter 

for a 0.90 reliability level under ultimate strain is also shown in the table. As can be seen in table 

16, the reliabilities at ultimate strain are very high and the allowable damage sizes are very large 

for all detected defects. Therefore, it may be concluded that the assembly induced defects on the 

Lear Fan 2100 aircraft E009 do not impose a threat to the integrity of the wing structure. 

The results of the assembly induced damage tolerance evaluation for the Lear Fan 2100 

upper wing skin show that the structure is capable of tolerating damage induced by normal 

asse~nbly operation. This is evident by the defects detected on the E009 aircraft. However, NDI 

after final assembly is needed to assure that the structures are properly assembled, because the 

results of the evaluation indicate that poor assembly operation may degrade the integrity of the 



structure. Local structural failure under ultimate strains may be initiated at locations with severe 

assembly induced damage. 
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TABLE 16. SUMMARY OF DETECTED DEFECT EVALUATION. 

DEFECT NO. REGION B-ALL. M.S. RELIABILITY 0.90 RELIAB. 
WCRo) AT DTJL ALL. DIA. 

LEFT HAND WING 

RIGHT HAND WING 

Note: Refer to figure 3 for defect number and location. 





SECTION 6 

PARAMETRIC STUDIES 

A parametric study was conducted to evaluate the effects of the significant parameters on 

the damage tolerance capability of the Lear Fan 2100 upper wing skin. The parameters 

considered for the impact damage tolerance were the damage tolerance certification criteria. The 

parameters considered in the assembly induced damage study were the stiffness retention factor, 

the scatter factors of the damaged and undamaged laminate strengths, the mechanical properties 

of the undamaged material, and the characteristic length used in the average stress criterion. The 

results of these studies are discussed in the following paragraphs. 

6.1 SENSITIVITY OF DAMAGE TOLERANCE CRITERIA 

Four damage tolerance certification criteria were considered in the parametric study. 

These are: 

(I) No structural failure at design ultimate loads, 

(2) No structural failure at 1.25 times design limit loads, 

(3) No local failure at design limit load and no structural failure at1.25 times design 

limit loads, and 

(4) No local failure nor structural failure at design limit loads. 

These criteria were used in reference 6 for impact damage tolerance evaluations. The 

impact damage tolerance design allowable strain is affected by the different criteria because of 

the two stage failure process of the impact damaged composite structures. Criterion (1) allows 

initial or local failure to occur below ultimate load, and therefore, it is less conservative than 

criterion (4). In criteria (2) and (3), a factor of 1.25 is used because 1.25 times limit load is 

considered as the maximum spectrum load for the military aircraft. The design allowables based 

on criteria (2) and (3) are usually less conservative because the allowables are used for ultimate 

design. 

The R-basis impact damage tolerance design allowables based on the four certification 

criteria are summarized in table 17. These results are for the Lear Fan 2 100 upper wing skin with 

100 ft-lb impact. The table also shows the margin of safety based on the maximum ultimate 



TABLE 17. SENSITIVITY OF DAMAGE TOLERANCE CRITERIA, 
LEAR FAN 2100 UPPER WING SKIN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. 

B-ALLOWABLE MARGIN OF SAFETY 
REG. N C R o )  (B-BASIS) 

I I1 111 IV I I1 111 IV 



TABLE 17. SENSITIVITY OF DAMAGE TOLERANCE CRITERIA, 
LEAR FAN 2 100 UPPER WING SKIN, 100 IT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

B-ALLOWABLE MARGIN OF SAFETY 
REG. WCRO) (B-BASIS) 

I I1 111 IV I I1 111 IV 



TABLE 17. SENSITIVITY OF DAMAGE TOLERANCE CRITERIA, 
LEAR FAN 2100 UPPER WING SKIN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDIVISION. (CONTINUED) 

- 

B-ALLOWABLE MARGIN OF SAFETY 
REG. (MICRO) @-BASIS) 

I n 111 IV I 11 111 IV 



TABLE 17. SENSITIVITY OF DAMAGE TOLERANCE CRITERIA, 
LEAR FAN 2 100 UPPER WING SKIN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDMSION. (CONTINUED) 

B-ALLOWABLE MARGIN OF SAFETY 
REG. (MICRO) @-BASIS) 

I 11 m IV I n m IV 



TABLE 17. SENSITIVITY OF DAMAGE TOLERANCE CFUTERIA, 
LEAR FAN 2100 UPPER WING SKIN, 100 FT-LB IMPACT, 
MAXIMUM STRAIN IN EACH SUBDMSION. (CONCLUDED) 

B-ALLOWABLE MARGIN OF SAFETY 
REG. (MICRO) (B-BASIS) 

I 11 111 IV I I1 III IV 

Note: Damage tolerance design criteria are defined as: 
I No structural failure at ultimate loads. 
I1 No structural failure at 1.25 times limit loads. 
111 No local failure at limit loads and no structural failure at 1.25 ti~nes limit loads. 
IV No local nor structural failureat limit loads. 

1.25 times limit load is considered as the maximum spectrum load. 



strain in each subdivision. The 100 ft-lb impact threat was used in this study because this threat 

clearly showed the effects of the damage tolerance criteria, even though the threat is too severe 

for the skin. The results shown in table 17 indicate, as expected, that criterion (2) provides the 

highest impact tolerance design allowable strain, whereas criterion (4) gives the lowest 

allowable. The margins of safety are negative for a large portion of the skin because, as 

discussed before, the skin is not designed for such severe damage. 

6.2 SENSITIVITY OF ASSEMBLY INDUCED DAMAGE PARAMETERS 

The effects of assembly induced damage parameters were investigated for the five major 

laminates in the upper wing skin of the aircraft. The key laminate thicknesses and their layups 

are shown in shown in table 1 and they are: 

(1) 0.053 in. thick with (0179121) layup, 

(2) 0.067 in. thick with (0184116) layup, 

(3) 0.08 1 in. thick with (0186114) layup, 

(4) 0.109 in. thick with (01901 10) layup, 

(5) 0.125 in. thick with (3515619) layup. 

The effects of the stiffness retention ratio in the damage zone were evaluated for the five 

laminates. The allowable damage diameters at 0.90, 0.95 and 0.99 reliability levels were 

computed for a range of stiffness retention ratios. The allowable damage size was determined for 

the maximum ultimate strain of the respective laminate in the upper wing skin. The results of this 

evaluation are summarized in table 18. The lowest stiffness retention ratio used in the evaluation 

was 0.0001. The maximum stiffness retention ratio used corresponds to a damage diameter larger 

than 10.0 in. at the 0.99 reliability level. The results of this evaluation provide an indication of 

the effects of assembly standards on the integrity of the structure. If a stiffness retention ratio of 

0.1 is used as a criterion for assembly standards, then the 0.125- and 0.053-in.-thick areas of the 

wing skin can tolerate relatively poor assembly operation. This is because the maximum ultimate 

strains in these areas are relatively low. However, for the 0.109-in.-thick-laminate, the allowable 

damage diameter is only approximately 1.0 in. at a 0.90 reliability for the structural areas with 

highest strains. The allowable damage diameter for the 0.081- and 0.067-in.-thick laminates with 

stiffness retention ratio of 0.10 are 2.36 and 1.88 in., respectively. The results shown in table 18 

also indicate that higher assembly standards are required to achieve high structural reliability. 



TABLE 18. EFFECTS OF STIFFNESS RETENTION RATIO ON ?'HE ALLOWABLE 
SIZE OF ASSEMBLY INDUCED DAMAGE FOR THE LEAR FAN 2 100 
UPPER WING SKIN LAMINATES. 

THICKNESS STRAIN S, MAXIMUM DAMAGE DIAMETER 
0.90 0.95 0.99 



TABLE 18. EFFECTS OF STIFFNESS RETENTION RATIO ON THE ALLOWABLE 
SIZE OF ASSEMBLY INDUCED DAMAGE FOR THE LEAR FAN 2100 
UPPER WING SKIN LAMINATES. (CONTINUED) 

THICKNESS STRAIN S, MAXIMUM DAMAGE DIAMETER 
0.90 0.95 0.99 



TABLE 18. EFFECTS OF STIFFNESS RETENTION RATIO ON THE ALLOWABLE 
SIZE OF ASSEMBLY lNDUCED DAMAGE FOR THE LEAR FAN 2100 
UPPER WING SKIN LAMINATES. (CONCLUDED) 

THICKNESS STRAIN S, MAXIMUM DAMAGE DIAMETER 
0.90 0.95 0.99 

Note: (1) The strain is the maximum compression strain of the laminate in the upper wing skin. 
(2) Refer to table 1 for laminate layup. 
(3) * denotes that the allowable damage diameter larger than 10.0-in. and the number in ( ) 

is the reliablity for the laminate with a 10.0-in. diameter damage. 
(4) ** denotes that the allowable damage diameter smaller than 0.25-in. and the number in 

( ) is the relibility for the laminate with a 0.25-in. diameter damage. 



For the 0.99 reliability level, little or no damage induced by assembly can be tolerated (allowable 

damage diameter less than the fastener hole size) in the high strain areas of the 0.067-, 0.081- 

and 0.109-in.-thick laminates with a stiffness retention ratio of 0.1. 

The scatter in the residual strength of the damaged laminates also has a significant effect 

on the damage tolerance design allowable strains. These effects are shown in figures 41 through 

45 for the five laminates. The scatter in the laminate strength is characterized by the Weibull 

shape parameter, a. The values of a used in the baseline evaluation, discussed in section 5, were 

20 for the undamaged laminates and 12 for the damaged laminates. These values were obtained 

based on the surveys of experimental data conducted in references 4 and 8. Figures 41 through 

45 show the 90 percent reliability allowable strain for damaged laminate scatter parameters of 12 

and 8. These figures show that the allowable strain is reduced by 12.5 percent as the damaged 

laminate scatter parameter is reduced from 12 to 8. Only the 90 percent reliability results are 

shown in figures 41 through 45. Allowable strain at other reliability levels, for a fixed scatter 

parameter of the undamaged laminate, can be easily computed by the following formula. 

Resp = [ln(R)/ln(0.90)]* *(I/ad) (1) 

where Resp is the strain ratio, 

R is the required reliability, 

a d  is the Weibull shape parameter of the damaged laminate. 

The allowable strain of the damaged structure is also influenced by the scatter parameters 

of the damaged and undamaged laminate strengths. A normalized allowable strain ratio was 

computed to evaluate the effects of the scatters. The results are shown in table 19. The effects of 

damaged laminate strength scatter are shown on the two left columns in the table. The strain 
ratios were computed for a, = 20 (Weibull shape parameter for the undamaged laminate 

strength) and normalized to the strain corresponding to ad = 3 (Weibull shape parameter for the 

damaged laminate strength). As can be observed from the table, the allowable strain ratio 

between the highly scattered data (ad = 3) to little scattered data (ad  = 50) is more than 2.3. 

However, within the range of scatter observed in published data ( ad  between 6 and 12) the ratio 

is between 1.58 and 1.97. Therefore, the allowable strain of the damaged laminate may be 

conservatively estimated for commonly used composites, when the damaged laminate strength 

scatter data is not readily available. These strain ratios are also plotted in figure 46. 
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TABLE 19. EFFECTS OF SCA'ITER PARAMETERS ON THE ALLOWABLE STRAIN. 

ad RATIO % RATIO 

Note: (1) cl, is Weibull shape parameter of the undamaged laminate strength; ud is the Weibull 
shape parameter of the damaged laminate strength. 

(2) Baseline is ad=3.0 and %=20.0. 



The influence of the undamaged laminate strength scatter is shown on the two right 

columns of table 19. The strain ratios shown in the table indicate that the undamaged laminate 

strength scatter has less effect on the allowable strain ratio, as compared to the scatter of the 

damaged laminate. Within the range of the scatter parameter observed for commonly used 
composites (a, between 15 and 25), the ratio ranges from 0.97 to 1.02. 

The effects of sample size, based on which the scatter parameters are derived, on the 

damaged laminate allowable strain are shown in table 20, The table shows the normalized strain 

ratio with a baseline for a, = 20, ad = 12 and the sample sizes for undamaged laminate strength 

(Ns) of 30 and damaged laminate strength (Nd) of 5. The table shows that the sample size effect 

is significantly less than the effect of the scatter parameters. 



TABLE 20. EFFECTS OF SAMPLE SIZE ON THE ALLOWABLE STRAIN. 

SAMPLE SIZE FOR ?'HE UNDAMAGED LAMINATE STRENGITH (N,) 
Nd 6 10 15 20 30 50 100 

Note: (1) The allowable are normalized with repective to the B-basis allowable strain with 
baseline parameters. 

(2) a, is Weibull shape parameter of the undamaged laminate strength; a d  is the Weibull 
shape parameter of the damaged laminate strength. 

(3) N, is the sample size for the undamaged laminate strength; Nd is the sample size for the 
damaged laminate strength. 

(4) Baseline is &=20.0 and ad=12.0, N,=30 and Nd=5. 



SECTION 7 

SUMMARY AND CONCLUSIONS 

7.1 SUMMARY 

The results of this research program are summarized below: 

1. The structural configurations, loads, and full-scale test results of the Lear Fan 2100 

aircraft were carefully reviewed. Based on the results of this review, the worst case 

strain distribution over the upper wing skin was obtained for damage tolerance 

evaluations. 

2. A nondestructive inspection (NDI) was conducted over the upper wing skins and the 

upper fuselage skin, using ultrasonic and thermographic techniques. 

3. A total of 19 defects on the upper wing skins were identified by the NDI. The 

majority of these defects were located around fasteners connecting the upper wing 

skins to the aft spars. In addition, an area of mild porosity in the wing skin was also 

detected. 

4. Defects similar to those for disbonds were detected along the step-lap splice between 

the upper and side skins of the fuselage. 

5. The upper wing skin was subdivided in small regions for damage tolerance 

evaluations. The subdivision was based on the arrangement of the substructures and 

the thickness distribution of the skin. 

6. An impact damage tolerance evaluation was conducted. Probabilistic impact threats 

as well as a discrete impact threat were imposed on the upper wing skin. The 

reliability of the wing skin at design limit and design ultimate strains was determined. 

7. Damage tolerance capability of the upper wing skin against assembly induced 

damage was also evaluated. Margin of safety and reliability of the skin with a 

baseline damage scenario were obtained. In addition, allowable damage sizes were 

defined for various damage scenarios. 

8. A parametric study was conducted to assess the effects of damage tolerance design 

criteria, the assembly induced damage parameters and the scatter parameters of the 



damaged and undamaged strengths of the skin laminates on the structural integrity of 

the upper wing skin. 

7.2 CONCLUSIONS 

The following conclusions may be drawn from the investigations undertaken in this 

program. 

1. The NDI detected defects on the upper wing skins of the Lear Fan 2100 aircraft E009 

were nlinor defects and did not impose a threat to the integrity of the wing skin. 

2. Impact damage tolerance requirements for the composite nlilitary aircraft structures 

are too severe for the Lear Fan 2100 structures. The B-basis reliability at design 

ultimate conditions is difficult to achieve against either probabilistic or discrete 

impact threat. However, the reliabilities appear to be adequate at the design limit load 

conditions. 

3. The damage tolerance capability of the upper wing skin is adequate against assembly 

induced damage. 

4. Damage tolerance design criterion and i~npact threat need to be defined for the Lear 

Fan class of aircraft. 

5. Poor assembly processes induce severe darnage in the structure which may degrade 

the structural integrity. Therefore, assembly standards should be established to assure 

that no induced damage will significantly reduce the strength of the structure. NDI 

after final structure assembly is also needed if assembly procedures are poor. 
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